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FOREWORD

This final report presents a summary of all technical progress and
accomplishments in the course of fulfilling Contract NAS 8-4008, "High

Chamber Pressure Operation for Launch Vehicle Engines",
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I. INTRCDUCTION

The purpose of this investigation was to study the suitability of
high chamber preésures for launch vehicle engines. Appropriate missions, and the
effects of high chamber pressure on tjermodynamic performance and combustion

stability have been determined.
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11, SUMMARY

An analysis of the most appropriate applications of high pressure
laurch vehicles has been made. An optimum chamber pressure has been
developed for various applications, and the efiect of chamber pressure on
vehicle performance has been determined. Both L0o/LHy and LOZ/RP-1
systems were considered.

The effect of non~ideal gas criteria on thermodynamic performance
hes been compared with ideel gas criteria for pressures up to 10,000 psia,
and for simple and complex exhaust ges compositions.

The effect of high pressure on combustion stability has been studied
theoretically and experimentally. A survey of existing theories of combustion
stability has been made. The Princeton University Theory of sensitive time
lag vs interaction index was selected for evaluation of experimental results.
A bibliography of pertinent publications in the field of combustion stability

is included.

Recomrmendations of future work in combustiion stability and engine

performance at high chamber pressures have been made.
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III. APPLICATION ANALYSIS

A, SUMMARY
The objective of the application analysis was to determine the
best applications for engines using high thrust chamber pressure in launch
vehicles. For each applicetion, the best value of thrust chamber pressure was
determined, and the effect of chamber pressure on vehicle performance has
been established. To accomplish the objectives, the application analysis was

divided into five major tasks:

1. An engine weight study,

2, a cycle analysis,

3. a mixture ratio selection,
beo an area ratio selection,

5 a vehicle performance study.

Each of the tasks was accomplished for both LOX/IHZ and LOX/RP-1 propellants.
A detailed discussion of each is found in the following paragraphs.
B. ENGINE WEIGHT

A method of determining engine weight has been derived. Using
the derived method, engine weight can be determined from nozzle throat aresa,
nozzle area ratio, chember pressure, nozzle type (delaval or forced-deflection),
mixture ratio, and oxidizer and fuel turbopump flow rates.

The engine was divided into two major components to perform the
weight analysis:

1o The turbopump assembly (TPA )

2. and the engine~less-the-TPA weights.
The basic independent variables selected for the TPA weight were the propellant
flow rate and the pump discharge pressure., TPA welghts are shown in Figure III-1

The method of analysis is discussed in Section III,A,1 below.
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1II, B, Engine Weight (cont.)

Engine-less-the-TPA weights are presented in Figure III~2
Thrust chember throat area and pressure were chosen as the independent
variables. The weight curves were developed for a constant nozzle exit area,
Nozzle weight — area ratio varlation was calculated and plotted for delaval
and forced-deflection nozzles (see Figures III-3 and III-4 ). The method and
assumptions used to determine these weights are discussed in Section III,A,;2
below.

1. Turbopump Assembly Weight

Turbopump assembly weight as a function of pump discharge
pressure and flow re¢te is shown in Figure III-1, This figure is based on
weight estimates from actual TPA designs. The TPA weight data covers various
pump discharge pressures and weight flow rates. The term é%S in the
expression &/ é%s (the abscissa in Figure III4) is based upon analytical
studies. Data for pressure levels not covered by design data were obtained by
extrapolation of existing designs.

Various TPA designs are incorporated in this figure with
the actual weights shown as the numbered end of the vertical line. The design
corresponding to the numbers is shown on the table attached to the figure.

TPA weights were obtained from Figure I1I-1 in the following manner:

a, Weights for integrated pumping systems, (fuel and
oxidizer pump run by the same turbine, such as the Titan turbopumps) were
determined by taking the summation of the oxidizer and fuel weight flows
divided by their respective densities to the 0.8 power, (i.e0y &ox<9°8 +
ﬁ/gfs), and reading the corresponding total turbopump assembly weight. Weights

for integrated turbopump systems are determined in tYis manner because of the
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III, B, Engine Weight (cont.)
difficulty in determining the portion of weight of the common turbine
which is chargeable to each pump.

Total weight for an integrated pumping system
having different oxidizer and fuel pump discharge pressures can be obtained by
assuming an average pump discharge pressure.

b. Total turbopump system weights for engines (sueh
as the M-1) having distinct oxidizer and fuel turbopumps can be determined by
obtaining the weight of each individual pump using its corresponding flow rate
and fluid density, end summing the two individuel pump weights.

2. Engine-Less-the=TPA Weight

Engine-less-the-TPA weights (Figure III-2)were based
upon two assumptions: |

(1) Cooling tube wall thickness is constant;

(2) weight differences of the gas generators,
combustion chambers, injectors and manifolds are insignificant (at the same
flow rute) with changes in chamber pressure.

The assumption of constant tube wall thickness was based on previous heat
transfer studies indicating that a minimum tube wall thickness is desirable
regardless of chamber pressure. Minimum tube wall thickness is obtained by
reducing tube diameter as pressure is increased.

Using the assumptions discussed above, the engine-less-
the-TPA weight for engines of fixed thrust level does not vary with thrust
chamber pressure provided that the nozzle exit area is held constant, and
that the nozzle throat area is proportional to chamber pressure. The nozzle
exit area maintained in the weight study was that obtained with a nozzle area

ratio of 30yand a chamber pressure of 1000 psia. For this exit area, the area
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1II, B, Engine Weight (cont.)
ratios at chamier pressures of 2000, 3000, 4000, and 5000 psia are 60, 90, 120,
and 150, respectively. For these nozzle area ratios, the engine-less-TPA
weight difference between delaval and forced-deflection nozzles is negligible.

To determine engine weights at area ratios other than
assumed in the engine-less-~the-TPA weight study, & nozzle weight - area ratio
reletionship was esteblished. Figures III-3 and III-4 present the change in
nozzle weight divided by chamber pressure and throat area as & function of
area ratio change. This curve is based on a 1000 psia chamber pressure. Using
the equation shown on Figures III-3 & III-4 , the curve can be used for other
chamber pressures. Nozzle weights are based upon contours which produce an
average exit velocity vector angle of 8°, This selection was based on past
studies which indicated that the payloads of 8° nozzles are 1 to 13% greater
than 10° nozzles. Thus 8° nozzles were used as the basis for nozzle weight
studies in this study.

Because Figure III-2 was constructed for 10° nozzles,
it should be noted that Figures III-3 & III-4 also incorporate the correction
for the nozzle weight differences between 10° and 8° nozzles.,

3. Air Frame Weight

Stage air frame weight (stage inert weight excluding
the engine) is calculated from inert weight parameters (Kp, Kpp) which were
established in past weight studies (Aerojet-General Contract NAS 5-1025) .

The inert weight parameters of Op/Hy and 0,/RP-1 are:

Single Stages First Stages | Upper Stages
Kp 05/Hy 0.007¢8 0.00918 0.00751
0,/BP-1 0,00700 0.00846 -
Ksgp | 0o/Ho 0.626 0.617 0.677
0,/RP-1 0,813 0.813 -
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III, B, Engine Weight (cont.)
Using these weight parameters, stage air frame inert
weight can be calculated by the following formula,

M(inert) = (K1) (FV) + (KAF) (VPT)

where:
KT = Thrust dependent inert weight factor (excluding the engine)
FV = Vacuum thrust, 1be
KAF = Volume dependent inert weight factor, lb/ft3
yPT = Total propellant tank volume, £t
C. CYCLE ANALYSIS

The purpose of the cycle analysis was to determine performance
degradation, pressure drops, and engine mixture ratios for gas generator and
staged-combustion cycle engine systems. Performance degradation is defined
here as the difference between thrust chamber specific impulse and overall
engine specific impulse. Engine system pressure drop determinations yield the
relationship of pump discharge pressure to thrust chamber pressure. Engine
mixture ratio is defined as the ratio of engine oxidizer flow t§ engine fuel
flow. Specific impulse data used in this analysis were based on ideal gas
thermochemical data (assuming shifting equilibrium flow) becausg non-ideal
gas effects have been shown to be ingignificant.

The following is a list of cycle analysis symbols:

Ay Exit area of nozzle -~ in?
2

At Nozzle throat area - in

Cr Thrust coefficient

Cp Specific heat at constant presture - Btu/lb °r
C* Characteristic velocity - ft/sec
g Gravity constant - ft/sec?
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III, C, Cycle Analysis (cont.)
ah Enthalpy drop across nozzle = £t - 1b/1b
d( Ah) Increase in enthalpy resulting from pump work - ft 1b/1b
H Pump head rise - %
IspE Overall engine specific impulse - sec
d IspPW Specific impulse resulting from pump work = sec

IgpmC Thrust chamber specific impulse obtained from
thermochemical data - sec

IspTC Effective thrust chamber specific impulse = IspTMC + Ispr
IspD‘ Specific impulse degradation - sec
IspTE Specific impulse of the turbine exhaust products - sec
J 778 £t - 1b/Btu
K Ratio of specific heats
K1,K2,K3,Kind Constants
MR Overall engine mixture ratio
MRgg Ge&s generator mixture ratio

MRpe Thrust chamber mixture ratio

flf Fuel pump efficiency
Q o Oxidizer pump efficiency
7 t Turbine efficiency
Pe Combustion pressure - psia
Pp Pump discharge pressure - psia
Pq Turbine exit pressure - psia
Py Nozzle exit pressure - psia
P3 Ambient pressure - psia
R Gas constant ft - 1b
1b mole
AT Temperature drop across the turbine - °r
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111, C, Cycle Analysis (cont.)
Ve Effective exhaust velocity - ft/sec

ﬁfGG Gas generator.fuel flow rate - 1b/sec

Wogg

Wep;  Thrust chamber fuel flow rate - 1b/sec

Gas generator oxidizer flow rate - lb/sec

Thrust chamber oxidizer flow rate - 1lb/sec
W Total gas generator flow rate (W + Wegg) - 1b/sec
GG oGG £GG)

Wpe Total thrust chamber flow rate (Wgpg + ﬁch) - 1b/sec

7& Divergence coefficient
1, Performance Degradation
a, Gas Generator Cycle

A schematic of a gas generator cycle engine is
shown in Figure III-5. The oxidizer and fuel turbopump assembly are driven
by a& single bipropellant gas generator. The gas generator propellants are
tapped from the main pump discharge lines, injected into the generator, and
burned. After passing through the turbine, the gases are expanded through a
nozzle, providing additional thrust. Performance degradation of the gas
generator cycle is a result of the low specific impulse associated with these
turbine exhaust products. Figures III-6 & III-7 are plots of performance
degradation versus thrust chamber specific impulse for 02/H2 and 02/RP~1 gas
generator cycle engines. The following analysis shows the development of

the curve:

Igp degradation is given by
Igpe is given by
(W1 + WeT0)Tsprc + (Mocg * Virga) Is
_ PTC ) "SPTE Equation (2)

g = . .
°F (Worg + Werg) + (Mogg * Wege)
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III, C, Cycle Analysis (cont.)

Substituting equaticn (2) into (1)

Wope + Were) + (Woga + Weeg)
Putting the right hand side of the equation over a common denaminator,

algebraically rearranging, and simplifying,

IspD = IspTC = IspTE

Wrg

e + 1

WGG o
¥y
For reasons which will become evident further in the analysis, aaa

is changed to the form

"ET_Q ~  Wppe (1 + MRTC)

Wog Weag (1 + MRGG)

Isp degradation is now given by

Ispp = IspIC - IspTE Equation (4)

(WepoMece) [(T-: MRTQM + MRGG)] + 1

The three unknowns in this expression are IgpIC, ISPTE and ﬁch
| WeGG

(1) Determination of ﬁch

¥raa
The relation of gas generator flow to
thrust chamber flow is found by equating pump horsepower requirements to

turbine power output. The pump horsepower requirements are:

SHPO = HO (ﬁOTC + &OGG) Kind
5501) o

SHPp; = Hr (lppg + Wpgg) Kind
550?1'
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III, C, Cycle Analysis (cont.)
The King is an assumed value which provides for the additional horsepower
requirements of & hydraulic, turbine-driven inducer.
Turbine power output is expressed by
(Wogg + Weag) (CpAT Tt—%ﬁ )
Equating pump requirements to turbine output gives

By, (Mom * Weag) Kina  + He (Wprg * Wegg) King

550N g 550
q 7f Equation (5)
(Uoge * Wegg) Op aTned
550
Ho Xoing = Constent = Ky
550 pzo
Be Keind = Constant = K2
550 ?f

For a given gas generator and turbine system (gas generator mixiure ratio

and turbine pressure ratio)

Cp AT!lt = Constant = Kq

550

Substituting into Equation (5) the ebove constants

Kq(opc + Vo) * K2ligre + Weoe) = K3(ioge + Weoe)
Combining terms

v'JoGG(KB—K1) +ﬁfGG(K3-K2) = Wope (Kq) + \:IfTC(KZ) Equation (6)
Fram a definition of mixture ratio

ﬁoGG = ﬁfGG MRGG

WoTG = Wppg MRTC

Substituting these two relationships into Equation (6) gives
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I1I, C, Cycle Analysis (cont.)

Weaa D’*RGG (K3-Kq) + (K3-K2):l = Wppg (Mg Kq + Kp)

and finally

Wepe . Mo (K3 Kq) + (K3 - K
WEGG MRpe (K4) + Ko

(2) Determination of IspTC

Thrust chamber Igp values were obtained
from computer calculations based upon shifting equilibrium flow of the
combustion products (Figures III-8 & III-9 ). The thrust chamber Isp obtained
from this curve represents a thermochemical energy level of the combustion
products and does not include energy put into the propellants by the pumps.
Consequently, the actual energy level (or Isp) of the combustion products is
somewhat higher than the computer thermochemical data predicts. The
correction is calculated as follows:

By applying a momentum equation it can be shown that

Isp = Z!!E Equation (7)
From an energy equation for flow through & nozzle
Ve = V»?—ﬁ ah Equation (8)
Substituting Equation (8) into (7)
Isp = %“-,Vzg‘*‘ Equation (9)

The change in Igp for a change in Ah can be found by taking the first

derivative of Equation (9) with respect to Ah.

o AT ()N

A(ah)
and
A e
dlare = \Zo @MVL Equation (10)
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III, C, Cycle Analysis (cont.)
The change in Isp due to pump energy

can be found by assuming d ( Ah) as the pump energy and Ah as the enthalpy
drop across the nozzle before pump work is added. Actually, the Ah in the
denominator of Equation (10) is an intermediate point between the energy level
before pumping work is added)and the energy level after pumping work is added.
However, because d( ah) is small compared to Ah, the end result of using an
intermediate Ah does not warrant the mathematical complications. With the

above assumptions, we may then substitute for (Ah)% in Equation (10),

¥ _
(an)” = _ﬁ_ TspMc Equation (11)
A V29
This gives d(Ig = A d(4h)
VZa' I
9 (-%\’) ( ,spYMC4z—ﬂ-\
Y .
Alsppy = AN a(ah) Equation (12)
T Isprio
d( Ah) is the energy per pound of propellant added by the pumps, or,
a( Ah) = Hf Wrre t+ Hg WOTC] 1 Equation (13)
¢ ne Woe
also
Wppe *+ Wopg = Wpg = Wppg (1 + MRTC)
and

Worc/Nepe = MRTC

. _ 1
Werc/Mre = and WoIC - MRpg
1 + MRTC —

Substituting these relationships into Equations (13) gives

d h = | H H MR 1
( &ah) [_7_5 + __q_o; . TC] T-"'_MﬁTC Equation (14)
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III, C, Cycle Analysis (cont.)

Finally, substituting Equation (14) into Equation (12) gives
H H
A (Moe) + | ho uec
4 Ispqug (1 + MeTC)
Therefore, the ISpTC that is used in

PPW Equaticn (15)

Equation (4) is the thermochemical IgpTMc obtained from Figures I1I-8 and
II1-9 plus the 4 Igppy calculated using Equation (15). A plot of 4 Isppy
versus Igppyc for various thrust chamber pressures is shown in Figures I11-10
and III-11,
(3) Determination of Igpmm
From the definition of ISp it can be

shown that
I = Cp C* Equation (16)

Sp
f

where C* (characteristic velocity) is given by

c* = (Key RT)% Equation (17)

e

For turbine thrust the K, R, and T are all at turbine exit conditions.

Cps (thrust coefficient) is given by

g = _21_{5(2\1(-1[-*?2/?1%] +

K-1 K+

Py - Py A, Equation (18)

Pq At

P
The pressure ratio 7 is the nozzle

1

exit pressure divided by turbine exit pressure. For this analysis the

nozzle was assumed to be optirum expansion at sea level so that Po equals
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III, C, Cycle Analysis (cont.)

. P3. Therefore GFOpt is given by
-\
A2 B+l p,\ &
CFopt & 2_\ K~ 1T+42) K
K-1 K+ P4

Vacuum thrust coefficient is related to

b
OvAC = OFopt *+ T, 2
Py
Values of CFvac and QFopt as functions of
Py

§T- and K have teen published and are available. Therefore, the Isp of the
turbine exheust is determined by calculating C*, obtaining a value of Cp, and
substituting these two into Ecuation (16). It is noted that the I yrg is
calculated assuming frozen equilibrium conditions. At the comparatively low

turbine exhaust temperature, it has been shown that the assumption is reasonable.

(4) Procedure for Calculating Engine
Specific Impulse

A1l required expressions for the
calculation of engine Isp degradation using Equation (4) have now been
derived. Optimum sea-level engilne ISp for the gas generator cycle can now
be determined as follows:

(a) At the given P, and MR, obtain

I from Figures III-8 or III=9,
SPTMC

(b) With the I obtain in step

SPTMC
(a) determine d ISpr pump work using Figure III-10 or III-11,
(e) Add the d Igppy to the ISPTMC°

Using this number and the given P,, the Isp degradation can be determined

from Fi ure III-6 or IIT-7.
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111, C, Cycle Analysis (cont.)

(d) The engine I is given by

SPE

dlI I

Tspg = Topmug ¥ @ Tsppw ~ tspp°

Plots of engine Igpp &t optimum
sea-level expansion versus chamber pressure for various thrust chamber mlxture
ratios are shown in Figures III-12 #nd I1XJ-13. These curves ®re. developed by
following the above procedure for several thrust chamber mixture ratios
and chamber pressures.

(e) Staged-Combustion Cycle

The staged—combustion cycle (shown
schematically in Figure IZ141)) consists of a gas generator-driven turbine with
the turbine exhaust injected into the thrust chamber. Because the turbine
exhaust is expanded through the main thrust chamber, the staged-combustion
cycle engine specific impulse is equal to the thrust chamber specific impulse.
Also, there is no effect of pump work upon specific impulse, because vhatever
energy is input in the system by the pumps is tlus removed by the turbine,
Therefore, staged-combustion cycle engine specific impulse is equal to
thermochemical specific impulse as predicted by the camputer. It is recognized
that there is an entropy increase in this system because of the irreversible
processes resulting from pump and turbine inefficiencies and line losses.
However, the entropy increase is reflected in the pressure drop between the pump
discharge and the main combustore

2. Pressure Drops
8. Gas Generator Cycle
Pump discharge pressure as a function of chamber
pressure is shown in Figure III-15 for the gas generator cycle., The tabulated
pressure drops and their variation with chamber pressure are presented with
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III, C, Cycle Analysis (cont.)

the curves. The curves shown in this figure are independent of thrust level.
The fuel pressure drop through the coclant jacket,

approximetely 200 psi, was based upon the LR87-AJ-5 engine. To scale this

pressure drop to other chamber pressures, it was estimated that 50% of the

200 psi drop results from coolant tube "turn arounds", tube splits and the

"straight line" skirt section tubes. Pressure drop will remain approximately

constant at all chamber pressures. The remaining 100 psi drop is produced

by the coolant tubes in the throat and combustion chamber section. With

increasing chamler pressure at constant thrust, combustion chamber size will

decrease, and heat transfer coefficients will increase. Coolant velocity

mist therefore be increased. As a result, the pressure drop in these areas is

increased with increases in chamber pressure. For scaling purposes, the

pressure drop was assumed tobe directly proportional to chember pressure.

P Coolant Jacket = 100 + 100 k\zg__ \\
Fe Titan
b, Staged-Combustion Cycle

The main factor affecting a staged-combustion
cycle pressure schedule is turbine pressure ratio., Increased thrust chamber
pressure can be provided only at the expense of the turbine pressure ratio.
Figures III-16 & III-17 show the relationship of chauber pressure to pump
discharge pressure for 02/H2 and OZ/RP-1 staged-combustion engines. It
should be noted that the maximum chamber pressure attainable with a staged
combustion cycle is limited. This "peaking" of the chamber pressure results
because an incremental change in pump discharge pressure at this point is
more then overcome by the increased turbine pressure ratio required to
develop the additional pump discharge pressure. Higher chamber pressures
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1II, C, Cycle Analysis (cont.)
can be reached only by increasing the turbine inlet temperature, i.e.,
changing the gas generator mixture ratio, thus inereasing the energy per
pound of driven gas.
The derivation of the analytical expression used
in determining the turbine pressure ratio is presented below.
Turbine pressure ratio, P, is defined by
P, =Pq/P,
where
Pq is the turbine nozzle inlet pressure
Py the static exit pressure of isentropic expansion.
Pressure ratio is related to temperature ratio by

Pi/Pp = (T1/T2)-'—‘K:[

The temperature drop across the turbine, AT,
the difference between T4 and Tp, is calculated through the use of the
isentropic spouting velocity -Co relationship. This velocity corresponds to
the complete transformation of turbine inlet energy into kinetic energy, and
is related to AT as follows:
o, AT = Co®

¥

to the amount of kinetic energy required to deliver the necessary shaft

The isentropic spouting velocity is also related

horsepower as follows:
Vg Co° = SHP x 550
2?? q.t
The total shaft horsepover, SPH)is given by the

sum of the pump horsepowers:
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III, C, Cycle Analysis (cont.)

5500, 5507 5

King accounts for the additional power requirements of the hydraulically
driven inducer.

Using the above equations, the turbine pressure
retio can now be determined. Shaft horsepower is computed first, followed by
compiling the spouting velocity, the turbine temperature drop, and finally
the turbine pressu-e ructio. Using this pressure ratio and established engine
pressure drops, the thrust chamber pressure can be determined.

3. Engine Mixture Ratio

a, Gas Generator Cycle
Engine mixture ratio is defined as engine

oxidizer flow divided by engine fuel flow:

V:’oTC + ﬁ

MRE = 5 .OGG
T W MR R

- GG

W

e + 4

Wrgg

An expression for Wppg has already been derived
WFGG
(see Section III-6-1 ) . Using the above expressions, the relationship of

MR vs MRyg for 0o/Hy and 05/RP-1 gas generator cycle has been established
(Figures 11I-18 and III-19 ).
b. Staged-Combustion Cycle
For the staged-combustion cycle, engine mixture
rctio is equal to thrust chamber mixture ratio.
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III, Application Analysis (cont.)
D. MIXTURE RATIO SELECTICN

The best busis for selecting engine mixture is maximum vehicle
performance. In this way the trade-of f between specific impulse and propellant
bulk density can be evaluated accurately. The process is guite cumbersome
and time consuming. Evaluations of this nature have shown that the effect on
optimum chamber pressure resulting from use of slightly off optimum mixture
retios is insignificant., Furthermore, film cooling requirements affect the
best mixture ratio, and these effects are extremely difficult to predict
accurately in a preliminary analysis such as this., Fxperience has shown that
for propellants of approximately equal density, the best thrust chamber
mixture ratio is very close to that yielding maximum nozzle effective exhaust
velocity. This criterion has been used in selecting mixture ratio for OZ/RP-1
propellants. A plot of effective exhaust velocity as a function of thrust
chamber mixture ratio and thrust chember pressure for OZ/RP—1 propellants is
shown in Figure I111-20 » The line of maximum effective exhaust velocity for
the mixture ratio selection is also shown on this figure. The mixture ratios
which yield maximum effective exheust velocity are plotted on Figure I1I-21
as a function of thrust chamber pressure. This mixture ratio variation with
chamber pressure has been used in the application analysis of 02/RP_1
propellants.

For 02/H2 propellants, the propellamt bulk density varies widely
with mixture ratio. Therefore, the maximum effective exhaust velocity
criterion applied to Og/RP-1 propellants is inadequate. The mixture ratio
for 02/H2 propellants must be selected for maximum velocity performance.

This was accomplished in a previous study (Aerojet-General Contract NAS 5-1025).
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III, D, Mixture Ratio Selection (cont.)
The results of this study show that the optimum thrust chamber mixture ratio
for 02/H2 propellants varies linearly with t!rust chamber pressure from 6 at
1000 psia to 7 at 5000 psia (Figure III-22), This thrust chember mixture ratio
variation has been used for further application analysis effort for 02/H2
propellants.
E. AREA RATIO SELECTICN

Nozzle area ratios were selected on the basis of maximum
vehicle performance for first and upper stages of multistage vehicles, and
for single-stage vehicles,

The vehicles were analyzed for the following cases:

1. First-stages for velocity increments of 10,000 and
20,000 ft/sec using both 02/H2 and OZ/RP—1 propellants;

2. single-stage vehicles for a 300 nm orbit, using both
propellants;

3. and upper stages for velocity increments of 10,000,
15,000, and 20,000 ft/sec using 02/H2 only} both delaval and forced-
deflection engines were considered for the boosters and single-stage
ve! izles} only delaval nozzles were considered for upper-stage vehicles.,

Stege payload was used as the basis for selecting optimum
area ratiosj for each stage, nozzle, and mission, the variation in payload
was calculated considering each of the following:

1. Thrust chamber specific impulse variations with chamber

pressure and area ratio;

2. a range of area rztios for each chambter pressure;
3. variation of turbopump weight with propellant flow rates;
Lo change in nozzle skirt weight with area ratio;
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III, E, Area Ratio Selection (cont.)
5. change of ideal velocity increment with area ratio;
6. mixture ratio variation with chamber pressure.

(See Mixture Ratio Selection Sectiom II1-D).

Nozzle surface friction and heat transfer losses were neglected.
Therefore, the best area ratio will be slightly smaller than indicated by the
peak payload points. Area ratios 1% off the peak paylaod points were selected
as optimum. The net effect is that of decreasing the nozzle length and surface
area to account for the heat transfer and frictional effects. The results of
this study are shown in Figures II1I-23 through 11I=27.

The optimum area ratio for upper-stage vehicles includes the
effect of the required additional interstage structure with increases in area
retio. The method of this analysis is discussed briefly in the following
paragraphs.

At an instant prior to the upper stage light-off, the total
load on the interstage structure is equal to the light-off weight of the upper
stage times the burn-out g's of the booster. The weight of the interstage
structure, for a conicel or cylindrical configuration, is proportional to the
Joad on the structureyand to the length of the structure. The thrust of the
upper-sfage engine is proportional to the throat area and to the chamber
pressure. It can be shown that the engine diameter, and hence, its lenpth,
is directly proportional to the square root of the thrust per engine and to
the area ratio, and inversely proportional to the square root of the chamber
pressure.,

This analysis can be summarized as follows:

a, Wigs A PL

b. P = Wo (8/:)Bo
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III, E, Area Retio Selection (cont.)
Ce Fy = G P Ay
Cr Pe Ae/At

Ce P TDe/he

c .\[ZFLé/'r\'cch

d. Ly = Ky[4F€e
T Cr P,

I

A

=)
]

where:
Wigs -~ Weight of interstage structure, 1b
P - Load on structure, 1lb
L - Length of structure, ft
W10 - Light-off weight of upper stuzge, 1b
a/g - Burn out g's of lower stage
Fy - Vacuunm thrusf per engine, lbp
Cr - Vacuum thrust coefficient
Pa - Chembter pressure, psia
Ay -~ Throat area, in2
Ae - Exit area, in?
& - Nozzle area ratio, Ae/At
De - Exit diameter, in.
Le - Engine length, in.
K1 - Engine length - diameter proportionality constant

Also, because the length of the interstege stricture will be dependent upon
the length of the engine, the result can be written by substituting (b.) and

(d.) into (a) and rearranging.

Wiss = (a/g)pKX2 Fi€
Wio Po
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III, E, Area Ratio Selection (cont.)
where Ko is equal to 3 x 10™7 in~T,

The fector K5 was determired on the basis of interstage
structure weights for existing vehicles.

The veriation of interstage structure weight with area ratio
and chamber vressure, as exprested by the above equation, was used in de-
terminating the optimum area ratio for upper stages. The results of the
upper stage azrea ratio analysis are shown on Figure III-27,

F. VEKICLE PELFCRMANCE

Using the engine and stuge weight data,engine performance,
mixture ratios, and area ratios discussed in the previous paragraphs, vehicle
payloads were calculated as a function of thrust chamber pressure for various
missions. The results of these calculations are shown on Figures III-28 through
I1I-36, These figures show relctive payload as a function of thrust chamber
pressure for the engine cycles and nozzle types investigeated.

The relative payload showspercentage payload increases attainable
with advanced concepts as compared with those obtained with a conventional
engines. The conventional engine is defined as an enginé using a gas generator
cycle, & delaval nozzleyand operating at a 1000 psia thrust chamber pressure.
The vehicle payload to lightoff weight retio is shown on the performance
figures for the conventional engine.

The plot of single-sta.e-to-orbit performance for LQX/LH2
propellants is shown on Figure I1I-28, The maximum payload capability for
this vehicle is realized by incorporating all advanced concepts (staged=
combustion cycle, forced-deflection nozzle, and high thrust chamber pressure).
The combination results in a 48% payload gain over the conventional engine.

The peyload gains are proportionately smaller for engine configuretions
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II1I, F, Vehicle Performance (cont.)

using orly some of the advanced concepts. It is significent that for each
configuration, the peyload cipability is increased by increasing the thrust
chamber pressure. For intermediate missions (i.e., first steges of multi=-
stege vehicles) the percent:ge gains are somewhat less than for single-stage-
to—crbit miscions. The meximum velues are 17% at an aporoximete ideal velocity
of 20,000 ft/sec and 6% at 10,000 ft/sec. (Figures III-29 and I1I-30).

It should be noted that at an ideal velocity increment of 10,000
ft/sec, the variction in payloed capability over a wide range of thrust chamber
pressures is relatively insignificant for each combination of nozzle and cycle.

Figures 111-31 through II1I-3 show the performance veriation with
thrust chamber pressure for first stages of vehicles using LCX/RP-1 propellants.
These figures show the same general reletionships between the various engine
configur.tions as for LCX/LH2° The reletive gains for any configuretion over
the conventional at each mission, however, are significantly greater than for
LCX/LHQ. These gains for the engine using all advanced concepts are 138% for
a single-stage-to~-300 n.m.-orbit mission, 36% for an approximste ideal velocity
increment of 20,000 ft/secyand 13.5% at 10,000 ft/sec.

A comparison of the LCX/LHp and LOX/RP-1 single-stage-to-orbit
vehicles indicates that the relative gain in capability with the staged-
combustion eycle is much greater for LCX/RP-1 then it is for LOX/LHZ. The
gain c:n be attributed to the much lower performance of a conventicnal
LCX/RP-1 engine.

Figures III-34through IIF326 show the relative payloads of
upper-stuge LC:X/LH2 vehicles for three missions. Calculaticns were performed
for engine configur.tions using the gas generator cycle and the staged-
combustion cycle, with the deLaval nozzles. The relctive gains in capability
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III, F, Vehicle Performance (cont.)

for these vehicles over the conventional are much smaller than for stages

opercting in the atmosphere.

The meximum gains are 9%, 53%, and 3% for ideal

velocity requirements of 20,000, 15,000, and 10,000 ft/sec,respectively.

A tebulation of the optimm thrust chamber pressures based upon

vehicle performance for each engine configuration and mission investigated

follows below:

Nozzle Cycle
DL GG
DL S-C
¥-D GG
F-D S-C
DL | GG
DL S=C
F-D GG
F-D S5-C
Cycle

GG

S=C

FIRST~ AND SINGLE-STAGE VEHICLES

LOX/LHo

OPTIMUM PRESSURE

V3 = 10,000 ft/sec

V; = 20,000 ft/sec

Single Stage

5000 psia

4000

2600

3800
LOX/RP-1

3000 psia

3500%

2700

3500%

UPPER-STAGE VEHICLES

4200 psia
4250%
2700
3600

2800 psia
3500
2600

3500%

LOX/LH, - DELAVAL NOZZLE

OPTIMUM PRESSURE

vy = 10,000 ft/sec

4000 psia
4100
3300
3600

2800 psia
3200
2600
3500%

V4 = 15,000 ft/sec V4 = 20,000 ft/sec

3100 psia

4LR250%

4000 psia

4250%

3400 psia

4,250%

# Values of chamber pressure that are the maximum attainable with the staged-
combustion cycle (see Figures III-16 and III-17).
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I1I, F, Vehicle Performance (cont.)

In all cases where the peak payload occurs necr the
naximum attainable chamber pres:zures for the st: ged-combustion, careful
consideration must be given to turbopump discharge pressure when selecting
the optimum ope:ating chamber pressure. A cursory examination of the plots
of pump-disckarge pressure vs thrust chember prescure reveals that discrete
pump discharge pressures ere required at the maximum thrust chamber pressure
values, However, actual design practice would dictate the selection of a
chamber pressure slightly below the maximum value., From this point, adjustments
could be mede to the pump discharge pressure tc compenseate for serformance
irreguletities, (i.e., non-idezl gos behavior, fobrication nonconformance ),
giving assura ce of more fully meeting design goals.

G. SNJECTICN DENSITY EF. ECTS

An evaluation of the effect of chamber pressure on injection
density was performed on 02/RP—1 and 02/H2 propellants for contraction ratios
of 2, 4, &and 6. The contrection rutio, (Ac/At) is defined as the ratio of the
chamter cross-secticnal area to tiie throat area. The injection density is
defined as the ratio of the cross-sectional area of the chamter to the total
area of the orifices in the injector.

The results of this study are shown in Figures III-37 through ITI-42.
Based upon a lower practical limit of injection density for conventional
injectors (12 to 14), these figures show the maximum chamber pressure attainable
with conventicnzl injectors for each propellant combination at various
contraction ratios.

Conventional injectors for thrust chambers and gas generctors
use a great many, very small holes. The amount of propellant which can be

injected through these injectors is limited by toth the allowable pressure
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III, G, Injection Density iffects (cont.)
drop, and the ratio of the area of the injector to the area of the orifice,'
i.e., injectimn density. In a conventional injector, a substantial frection
of injector face area is unavailable for injection because of the presence of
the many manif&ld rings separating the two propellants behind the injector,
Therefore, conventicnal injectors are severely limited with respect to the
attainable injection density. "Thus, if the‘conventional injector is applied
to a high chamber pressure engine, very large contraction ratios mﬁst be used.
Figures III-37 through III-42 also show that if fewer but larger
injection orifices (large element injectors) are used, the injection density
is decreased and hence, improved. ‘Thussthe maximum chamber pressure attainable
(without large prescure drops across the injector or high contraction ratios)
increases., Increases in the injector pressure drop are undesiraztle because
pump discharge pressure requirements and therefore, pumping system weight,
would increase. Large contraction ratios also result ip high combustion chamber
and injector weights. Thus, weight can be saved by incorporating large element
injectors in high pressure engines.
Figures III-37 through III-42 were constructed by use of the

following relationship:

.
b = CoNpzg &Py

where,
Aopr = Area of the orifice
W = Propellant flow rate
? = Propellant density

Py = Pressure drop across the injector face

Orifice discharge coefficient

&
H

A discharge coefficient of 0,85 was as:tured for RP-1 and O3, and

0,90 for Hse
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IV, TIERMCDYHAMIC PERFORMALCE (F HICH PRESSUNE SYSTEMS

A, SUMMARY

The performance characteristics of L02/LH2 and LOZ/RP-1 have
been calculeted for chamber pressures of 1000 psia, 3000 psia, 5000 psia, and
10,000 psia for both ideal and non-ideal ges theory. The non-ideal calculations
consist essentially of a fugacity correction on the ideal (free energy)
equilibrium coefficients. The results show that there is no significant
difference between calculations performed using ideal gas laws and those
performed using non-ideal gas laws,

B. INTRODUCTICN

One criterion which may be used to compare the performance of
propellant systems is specific impulse, since it is a measure of the thrust
produced at unit propellant consumption rate. Thus high values of specific
impulse are equivalent to a large total impulse produced by a given propellant
weight. Especially at low pressure, it is well known that the methods of
ideel ges thermodynamics may be used to obtain reliable estimates of specific
impulse. It has not been equally clear that the method is applicable at very
high pressures, where departures of real gas behavior would be most pronounced,
duegfor example, to the effects of compressibility.

In addition to a compressibility correction, the behavior of a
mixture of real geses may be estimated by imposing on the free-energy equilibrium
coefficients & correction factor based on the fugacity (a measure of chemical
activity) of the individual gas species. Gas properties such as entropy and
enthalpy are affected by the correction factor. An iterative program of
computation is then used to obtain propellant system performance.

The computer program currently being used at Aerojet-General

for propellant thermochemical calculations was modified to account for the
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IV, B, Introduction (cont,)
effects of high chamber pressure conditions. The basic program (Reference 1 )
ascumes the ideal gas equation of stute. The modification of the program
includes the effects of compressibility on the state properties. The P-V-T
data were modified utilizing the compressibility factor. The thermodynamic
functions and equilibrium relationships are modified according to the non-
ideal equation of state. The general method of calculation and printout
are the same as in Reference 1 .
C. TECHINICAL DISCUSSICN

The methods for treating non-ideal gases are well known and
the techniques vary, dependirg upon the equation of state used. The Aerojet=
General thermochemical calculations program was modified by utilizing the
correlations of References 2 and 3« This technique utilizes the compre-

ssibility factors

- PV
2 = = 1
RT ()
The equation of stzate
= M
q RT (2)

has been utilized in providing generalized correlations for the P-V-T data
and the activity coefficients. The generalized correlations are based on the
method of corresponding states.

The general thermochemiczl calculations program has been

modified for non-ideal gas treatment only for propellants containing the

1, Crisman, P. A., Goldwasser, S.R., &nd Petrozzi, P. J., Proceedings of the
Propellant Thermodynamics and Handling Conference, Special Report No. 12.,
Engineering Experiment Station, The Chio State University, pp 293 - 313 (1959).
2. Houen, 0. A,, Watson, K. M., and Ragatz, R. A., "Chemicil Process
Principles — Pert II Thermodynamics", John Wiley & Sons, New York (1959).

3., Dodge, B. F., "Chemicel Engineering Thermodynarics", McGraw-Hill,

New York (1944).
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IV, C, Technical Discussion (cont,)

chemical elements C, H, O, N, F, and Cl. Since the method of corresponding
stutes requires the use of the critical constants for each gas species
treated, these values were obtained. The generalized correlations each of
thermodynaﬁic relationships can be modifiea to account for the effects of
non-ideality.

The equilibrium congtant

' 1)
Kf = Ti 'Xoi ‘ fi * (3)

and the activity coefficient for real gases
Y= £/p (4)

can be defined as functions of the reduced conditicns of the system (see
telow). The Kf defined at low pressures 1s the pressure equilibrium constant
used in the ideal gas method of Reference 1., Thus, for some low-pressure
(e.g. 1 atmosphere) thermodynamic standard-state defining a standard free-
energy change:

F° = - RT 1n K¢ (5)
In terms of the activity coefficient, a term which is not a function of
composition can be defined "
K, = T, Y (6)
As K¢ is a function of temperature only, & non-ideal gas constant, which

is not a function of composition, can be defined
_ K RV
Kk 7 e 3
Ky

(7)

The constant Kx can be calculated for each reaction having the standard
free-energy change and the activity coefficients. With Equations (6) and
(7), the real ges constant is evaluated as sub-routine and is "flagged"

into the program when required. The use of K, in the progran is then the

same as for the ideal gas case.
Page IV-3



IV, Thermodynamic Performance of High Pressure Systems (cont.)
D. ACTIVITY COEFI ICIENT
The activity coefficients, ¥, are evaluated from the generalized
plots in References 2 and 3. The reduced temperature TR = T/Tcyand reduced
pressure Pgp = P/Pc, are evaluated at any temperature and pressure from the
known values of the critical temperature and pressure for each of the gas
species present,
E. THERMODYNAMIC FUNCTIONS
In the modified programythe ideal gas thermodynamic functions
for each of the combustion product gases are obtained from the JANAF tables,
These values are then modified for non-ideality by utilizing the generalized
plots from References 2 and 3. The enthalpy correction is made on the ideal
gas values from the JANAF tables
(Ko - Ho298,16)1 = Pt T (8)
The heat of formation is not affected in the heat balance. The correction

term ¢ is a function defined in References 2 and 3

§ = H -H (9)
Tc

The H* is the real gas enthalpy.

By utilizing thermodynamic relationships, it is possible to
avoid direct use of the entropy correction factors which are given in References
2 and 3. The entropy can be corrected by the correction factors already
determined above., If entropy of the gas mixture at any temperature, T, is

obtained by

§° = TNy Spy - NgRIn P = Ng R2X; In X3 (10)

then S° is corrected by

s =s°-2N [(R1n ;3 -g 1] (11)
TRi
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IV, Thermodynamic Performance of High Precsure Systems (cont.)
F. EQUATICN CF STATE
The equation of state is Equation (2). The compressibility
factor 2 is obtained from the mixture from a generalized plot (Reference
2 end 3), and the density of the gas is determined from it. The pseudo=
critical constants for a gas mixture cen be obtained from the critical

constants of the five components weighted by composition

Te Z; X; Teg (12)

and
!

Pe

Zi Xy Pci (13)

The Te and Pc are then used to determine the reduced conditions for the

mixture.
G. CALCULATICN PRCCEDURE
1. Chamber
a, Assume a temperature.
b. Calculate Tp end Pp for each species i,
co Obtain¥; from tables at proper Tg and Pg.
d. Calculate Kf's in the same manner as the equilibrium

constant was computed for ideal gas with no @ correction, since the thermo-
dynemic standard-state is taken as one atmosphere$ The k¢'s are calculated

for each reaction, which has been previously determined for the program.

e. Calculate K y from ‘Y's, Equation (6) and (2).
f. Calculate Ky, Equation (7).
ge Have Ky's perform iteratim as outlined in

Reference 1.

Obtain composition of comtmstion products (Xj's)e
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IV, G, Calculation Procedure (cont.)
h. Obtain enthalph correction ¢i for each species.
i. Check enthalpy balance as per Reference 1,
but correct enthalpy for non-ideality as Equation (9).
Je If enthalpy balance does not check, change
temperature and repeat as in non-ideal cases.
k. When the enthalpy balance checks, calculate the

entropy for that composition, Equation (10).

1. Correct entropy for non-ideality, Equation (11).

m. Obtain T,4&nd Peeand the pseudo-reduced copditions,
n, Obtain compressibility factor for mixture?J

0. Caleulate density, Equation (2).

2, Any Expansion Point

a. Select pressure.

b. Assume temperature.

c. Calculate TR, Pg, K¢ ‘/i, K,, and x4 's as before,
d. Calculate ¢i, s$%, and S, as before.

e, Compare S to entropy of chamber. Change

temperature until the entropy is the same as that in chamber.

f. Calculate Z and density, Equation (2).

g Obtain corrected local enthalpy from Reference 1
and Equation (9).

h. Calculate local gas velocity from difference of

corrected enthalpies as in Reference 1.
i. Meximize the product (QV) as in Reference 1 to
obtain C*; the other performance parameters are treated in the same manner

as in Reference 1.
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IV, Thermodynamic Performance of High Pressure Systems (cont,)

H. NCMENCLATURE

CH Characterisic velocity

£ Fugacity of a component

F° Standard free-energy change for a reaction
H Ideal enthalpy

H¥* Real gas enthalpy

HOT - H0298°16 Ideal gas enthalpy function from tables

Ke Equilibrium constant for real gases forming an ideal solution

Ky Non-ideal gas equilibrium constant, not a function of
composition

K.1 Activity equilibrium constant

M Molecular weight of combustion product mixture

Ng Moles of combustion product species, gaseous only

Ny Moles of any combustion product species

P Pressure of system

P Critical pressure of any species

Pr Reduced pressure of a species

Pe! Psudocritical pressure for a mixture

R Universal gas constant

] Non-ideal entropy of combustion product mixture

s® Ideal standard-state entropy for mixture

SOT Ideal standard-state eniropy at same tempercture T

T Temperature

Te Critical temperature of a component

TR Reduced temperature of a component

Te! Pseudocritical temperature of a mixture
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IV, H, Nomenclature (cont.)

\' Molar volume

v Cas stream velocity in a nozzle

X Mole fraction of a component in mixture
Z Compressibility factor

GREFK LETTERS

T Product sign

YV Stoichiometric coefficients in a given reaction, positive
for products and negative for reactants

Density
Activity (or fugacity) coefficient

Enthalpy correction function

4 2

STUBSCRIPTS
i Any combustion product species
g Gaseous combustion product species
I. COMPUTED PERFORMANCE RESULTS

For the L02/LH2 and LOz/RP-1 propellant combinations,
calculations made using ideal gas laws showed no significant difference
from those made using non-ideal gas laws in the prescure range up to

5000 psis. Results are shown in Table I.
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IV, I, Computed Performance Results (cont.)

TABLE I

SEA LEVEL SPECIFIC IMPUISE, lbp - sec/lby

L02 - LH,
M/R 2 4 6 8 10

P,» psia| Igp, ideal 373.8 391,0 383.3 361.9 | 336.7
1000 Isp’ non-ideal 37hod, 391.3 383.4 462.0 | 336.7
3000 396.8 419.3 415.8 398.2 | 268.6
397.2 (19,5 415.9 398.3 | 368.7
5000 405,0 429.7 428.0 412.5 | 380.9
405.0 429.9 428.1 12,61 381.0

LO, = RP-1
1.8 2.2 2.6 3.0 3
1000 281.2 296.1 300.5 297.1 291.3
281.4 396.2 300.6 297.1 291.3
3000 301.5 319.7 328.0 327.8 | 322.1
302.0 320,0 328,3 328,.1 322.5
5000 309.3 328.6 338.4 340.1 | 334.7
309.8 329.0 338.9 340.6 | 335.3

Apparent differences between the ideal gas results and the
non-ideal gas results are somewhat larger for the LOZ/RP—1 system than for
the LOg/LHg system. The effect may be due to the additional gas species
produced by the former., For both systems, the differences tend to be
slightly larger at high pressures. Further comparative calculations were

therefore made to investigate more thoroughly the effects of additional

gas species and high pressures,
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IV, I, Computed Performance Results (cont,)

To study the effect of gas species, calculations were
serformed for the propellant system N204/Aerozine =50 (50% NoH, + 50% UDMH,
by weight). The assumed chamber pressure was 5,000 psia., Plots of C¥*
vs mixture ratio, and Ig, vs mixture ratio are shown in Figure IV-1 and IV-2
respectively. Depending on the mixture ratio region, and thus the exhaust
gas composition (and the correspondi g reduced conditions), the difference
in characteristic velocity amounts to about 1%. The effect on specific
impulse, for a given pressure ratio, is also about 1%. However, this is
primarily due to the density discrepancy and its effect on the continuity
equation. For a given area ratio, the variation in specific impulse will
be quite small, since the thermodynamic effects seem to cancel each other.

To study the effect of imcreased chamber pre:csure, calculatiocns
were made for LOQ/LHZ and LOZ/RP~1 at 10,000 psia. The results are shown
in Table II, where such small trends as do a pear are genecrally consistent

with the trends indicated at low chamber pressures.

TABIE IT_

THERMODYNAMIC PERFCRMANCE, P, = 10,000 psia

L0,/LH, L0,/RP-1
M/R 2 6 10 1.8 2.6 3.4
C* Ideal 7814|7720 |6720 5862 | 6041 5831

Non-Ideal 7823 | 7753 |6793 5889 6153 5923

Igpssl Ideal 414.28]442.13(395.18 [| 318.89| 350.66 | 350.52
Non-Ideal 414.40[442.221395.18 |[ 319.51( 351.17]| 351.23

IgpsA/A% =

1000  Ideal - 1495.13{447.89 || 362.37| 397.04 | 408,20
Non-Ideal - |495.18|447.96 || 362.97| 397.44 | 408,71
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IV, I, Computed Performance Results (cont.)

It is observed that in rounding-off to the nearest unit
value in specific impulse, for example, almost all values reported are
identical. Thus, it is not likel: that smaller differences could be
experimentally verified, except possibly by statistical means. Average
random errors in thrust measurement and totel propellant flow rate measurement
of 1% each would result in an error of about 1.4% in the determination of
specifie impulse,

Jd. CONCLUS ICNS

In general, small differences in thermodynamic performence
have been shown to exist, depending on whether ideal gas criteria or non-
ideal gas criterie are the basis of calculation. Relatively larger differences
occur when,

1. Additional gas species occur;

2. higher chamber pressures prevail.

Since the chemical combustion products may vary widely in
type and composition, depending on the propellants used and the mixture
ratio range, there is no definite criterion available which will indicate
at which pressure the non-ideal gas effects become impartant. For any given
propellant system, the non-ideal ges effects should be checked at chamber
pressures above 2,000 psia,

For L02/LH2 and LOZ/RP—1, ideal gus laws are adequate to at
lecst 5000 psia. Specific impulse for these two propellant system combinations

is shown in Figures IV-3 and IV-4,
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V. COMBUSTION STABILITY BEHAVIOR

A, PRELIMINARY INVESTIGATIONS

1. Comparison of Approaches

In order to determine the best method of correlating the
results of the experimental program, the current approaches to the problem of
combustion instability in liquid propellant rocket engines were compared and
evaluated. The activities of the various agencies and institutions conducting
investigations of this problem were surveyed and classified into the following
three groups:

a, Primarily Theoretical

Lewis Research Center, NASA

Advanced Research Division, Aerojet-General
Corporation

Massachusetts Institute of Technology
Armour Research Foundation

b. Primarily Experimental
Purdue University (gas rocket)

Space Propulsion Division, Aerojet-General
Corporation

Edwards Air Force Base
Marshall Space Flight Center, NASA
c. Combined Theoretical and Experimental
Rocketdyne Division, North American Aviation, Inc.
Princeton University
Polytechnic Institute of Brooklyn
The first group includes those agencies which are not

known to be carrying out any experimental work at all (MIT, ARF) and also
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V, A, Preliminary Investigations (cont.)

those whose experimental efforts are designed to obtain informetion concerning
the basic combustion processes, and are not intended as direct verification of
theoretical predictions. In the second group are the investigators who have
not as yet attempted to formulate a quantitative theoretical description.
Finally, the third category includes the group whose experimental efforts are
intended to serve as verification of theoretical predictions as well as “or
‘eXploration of the unstable combustion proces:ces,

An examination of the published theoretical studies of
high frequency combustion instability shows three main lines of approach:

8., The Sensitive Time Lag Theory of Crocco and his
coworkers at Princeton University;

b. The Mechanistic Theories developed by Morrell,
Priem, and Guentert at NASA ~ Lewis Research Center ard by Torda, et al, at
Brooklyn, and

C. The Available Energy Concept of Ellis, Pickford,
and Peoples at the Aerojet-General Corporation.

The theoretical work of Culick (MIT) mekes some use of the available energy
concept, although there are significant differences in approach. A bibliography
of the most important publications pertaining to each approach is included

in Section D.

The theoretical approach taken by the Princeton workers is
that of the classical, linear, small perturbation stability theory. Thet is,
each of the quantities describing the flow in the combustion chamber is assumed
to oscillate about its steady state value. For certain unstable operating
conditions, the oscillation amplitudes will increase with time, even for

arbitarily small initial amplitudes. Theoretical conditions can be established
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V, A, Preliminary Investigations (cont.)

for the existence of neutral oscillations, the amplitudes of which neither
increase or decrease with time. The assemblage of operating points of the

thrust chamber which satisfy the conditions for neutral stability forms the
"stability limits" which divide the unstcble from the steble regions of
operation. The complete stebility behavior of the rocket engine is thus
described by specifying the stability limits and indicating the unstable regions.

The unique feature of the Princeton theory is the use of
the sensitive time lag concept. The idea of a combustion time lag as a
coordinating influence to excite organized oscillations in a liquid propellant
rocket combustion chamber originated in von Karman's group at the Jet Propulsion
Labor: tory in 1941. Several analyses were made of low frequency instability
(which depends upon the interaction between the feed system and combustion
process) based on a constant time lag., In order to explain high fregquency
modes of instability, Crocco introduced the time varying, or sensitive,
combustion time lag,

In the time lag concept, the gradual evolution of
combustion products from each porticn of propellant mixture traveling thrcough
the combustion chember after injection is ap .roximated by a discontinuous
conversion from reactants to products after a certain time, the total time
lag, has elasped., If the combustion chamber conditions fluctuate, the time
lag also must vary., In order to simplify the description of the effect of the
chanber conditions on the time lag, the total time lag 1s tasken as the sum
of a "sensitive" part ( Tf) and an "insensitive" part. The various physical
conditions are assumed to affect the combustion process rates only during the
sensitive portion of the total time lag. The magnitude of the response of

tre combustion process rate to changes in thermodynamic state is expressed
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V, A, Preliminary Investigations (cont.)
by & "pressure interaction index" (3 ). Similarly, tie effects of transport
phenomena are measured by a velocity index (ﬁ, which is vectorial),
The synthetic representation of the combustion process
by means of the time lag concept eliminates the need for information on any
of the specific processes occurring in the chamber, such as atomization,
vaporization, mixing, chemical kinetics, etc. This fact constitutes the
primary advantage of the time lag type of analysis, since very little guantitative
information is available concerning the details of the various unsteady combustion
processes,
For analytical simplicity, the Princeton theory assumes
that the steady state flow is one dimensional, with particle velocities small
compared to the sonic velocity, and that the flow is inviseid within a rigid,
adiabatic thrust chamber. Solutions of the conservation equations have been
obtained in closed form as first order corrections to the acoustic wave patterns,
The application of the sensitive time lag theory to the
longitudinal modes was first made by Crocco in 1951, The expanded and
generalized theory of longitudinal mode combustion instebility was published,
but without‘experimental verification, in 1956 by Crocco and Cheng. Subsequently,
the validity of the theory was shown in a series of experiments reported by
Crocco, Gray, and Harrje. In the latter paper a simple means for measuring
the combustion parameters # and T through stability limit tests was presented.
The first application of the sensitive time lag concept to transverse modes was
made by Scula, who considered only thermodynamic effects. The importance of
velocity (or hydrodynamic) effects in transverse modes was shown by Reardon,

who was able also to resent some experimental verification, Recently, the
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V, i, Prelim nary Investigutions (cont,)
crucial connection between longitudinal and transverse modes was established
experimentzl’y at Princeton.

The workers at the Lewis Reseurch Laboratory of the
National Aeronautics and Space idministration have aporoached the problem of
combusticn instability from a more mechanistic viewpoint. That is, their
theoreticel formulaticns include rate expressions for assumed rate controlling
processes. They have also included nonlinear effects associated with btoth
the combustion processes and with the fluid mechanical flow processes.
Associated theoretical and experimental studies of vaporization and nixing
under steady and unsteady corditions are also carried out by this group.

A similitude study of the general conservation equations
by Priem and Morrell disclesed two major similarity parameters. One parameter,
a measure of viscous dissipation, is a Feynolds numbter besed on the average
acoustic velocity in the combustor. The second parameter is a measure of the
heat release rate. Values of these parameters were calculated for a series
of hydrocarbon-liquid oxygen rocket engines, using two assumptiocns as to the
rate controlling process: cne was steady state spray vaporization, the other
was drop or jet shattering by a shock wave., With both rute expressions they
obtained group separation of stable and unstable combustors for the cases
considered, indicating the suitability of the parameters for first order
prediction of combustion stability.

A much more ambitious effort has been begun with one
dimensional analysis by Priem and Guentert of unstable combustion. The model
used is that of an annular section of a combustor having very small thickness
and length. The viscous dissipaticn and heat release rate similarity parareters
discussed above are utilized in the analysis. The nonlinear equations of
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V, A, Preliminary Investigations (cont.)

conservation of mass, momentum, and energy, are solved numerically for an assumed
initial disturbance. Two different rate controlling processes, vaporization
and chemical reaction, are considered.

At present, calculations have been performed only for the
case of an initial disturbance having a first tangential mode amplitude
distribution. For this case, the results are obtained that the vaporization
model produces a rapid wave steepening effect (such as observed experimentally)
which is not shown by the chemical reaction model. Ever with the latter model,
thhe effects on stability of the reaction order and activation energy are small,
For the annular combustor considered in this analysis, the viscous dissipation
parameter has been found to have a negligible influence, because the model does
not include a boundary layer or other wall effects. One of the most interesting
results of this study is that the controlling mechanism for small laboratory
combustors may be chemical in nature, while the corresponding mechanisms for
large production engines may be related to vaporization, Thus, research
studies with small combustion chambers may not sirulate properly the stability
behavior of large engine systems.

The available energy concept of the workers of the Aerojet-
General Corporuztion in Azusa has developed, mostly inductively, from the
initial wave motion descriptions of Ellis and Pickford. The application of
this aporoach of the tangential modes of high frequency instability hes been
discussed by Pickford and Peoples. Briefly, the conceptual basis of the Azusa
approach is as follows: In steady state, the injection of a given mass of
propellants 1s followed by the processes of atomization, vaporization, and
mixing, which require & certain time to be accomplished. Thus prepared, the
reactants are then "available" for the final process of chemical reaction
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V, A, Preliminary Investigutiocns (cont.)
which results in the releuse of energy. The reaction proceeds over a time
interval f\, during which the reactants are sensitive to a disturbance in
pressure. The amount of pressure sensitive available energy per unit volume
is found to be proportional to the time 0 and to the local intensity of
combustion, measured by the gas velocity gradient, 3%5 °

The effect of a perturboction, which in the Azusa approach
is zscumed to be of very short duration, is to increase the rate of reaction,
thereby releasing excess energy and depleting the local avallable energy. The
conseguent expansion of the combustion products causes enhancement of the rates
of the preparztiocn processes so that the concentration of available energy may
overshoot the steady stute value after a time‘zg has elapsed. If no further
disturbance occurs, the available energy will return to its steady state
value at a time ZL after the disturbance has passed.

In the case of a periodic disturbance, amplication may
result if the cycle period Z;_is in the range Z;< Z;.< z;° Fecause of
energy dissipation effects, there is probably a threshold perturbation value
belovw which the energy release by the perturbstion is not sufficlent to cause
the available energy concentration to overshoot its steady state value. This
stotement is based on experimental observaticns of stability testing using the
Aerojet pulse motor. In this device, a series of calibrated powder charges
is fired tengerticlly into the combustion chai"ber in order to disturb the
combustion and flow patterns. Each charge is stronger than the preceding
one. Shutdown of the rocket motor 1s effected automatically following the onset
of instability. The number of charges fired is thus a measure of the relative
stability of the thrust chamber at the particular operating conditions of

the test.
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V, A, Preliminary Invesiigations (cont,)

Of the three theoreticzl approaches considered in this
survey, only the Princeton one has been extensively developed. The sensitive
time lag concept has been applied to both longitudinal and transverse modes,
and velocity, or transport, effects as well as thermodynamic effects have been
included analytically. Experimentally, the validity of the theory has been
shown for several combinations of injector type and propellants, and for both
longitudinal and tangential modes.,

However, the very nature of the sensitive time lag approach
makes it impossible to calculate the values of the stubility parameters from
basic principles. In addition, as presently developed, the solutions are not
valid for engines with nozzle contraction ratios less than two. The required
extension, while complex, is straightforward. A more serious restriction is
that of linearity. The effect of large amplitude, shock-type pulses can be
handled only qualitatively. In spite of these limitations, the sensitive
time lag approach has in its favor the facts that the theory is well developed,
has bteen verified experimentally, and can be used to correlate test data in a
general and systematic fashion, permitting prediction of stability behavior of
related but geometrically dissimilar thrust chambers.,

The other two approaches have as their ultimate goal the
analytical prediction of stability behavior. Of these, the mechanistic
approach is more rigorous and quantitative. However, to date it has been
poscible to obtain solutions only for a single transverse mode for an annular
section of a combustor. The extension to the full three dimensional case is
being mede, but presents extreme difficulties. No help is thus available at
the present time for the evaluation of the stubility of the entire combustion

chamber.
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V, A, Preliminary Investigations (cont.)

The available energy approach has not yet been developed
into & quantitstive theory. The concepts invelved have been formulated on the
basis of a large number of experimentul observations. Therefore, when properly
expanded, i1t should be quite useful to researchers and designers in the liguid
rocket industry. Although the available energy concentration can be derived
experimentzlly, this process involves two successive differentiations. Thus,
extremely accurate and precise mezsurements are required, which may not be
possible in all cases of interest. In addition, it i1s not clear at present
how the concept is to be extended beyond local considerations to include the
combustion and flow in the trrust chamber as a whole.

On the basis of the comparison above, it was decided to
utilize the Sensitive Time Lag Theory in the correlation of the data from
the experimental program,

2. Theoretical Instsbllity Zones

According to the Sensitive Time Lag Theory, the stability
of an injector-propellant combination can be described by two parameters: the
interaction index, ¥ , which meesures the sensitivity of the combustion process
to fluctuating chamler conditions; and the sensitive combustion time lag,?? s
which is a characteristic time of the combustion process. A given mode of
high frequency instsbility can occur only if the sensitive time lag is in
proper relation to the period of the corresponding acoustic oscillation and
if the interaction index is sufficiently large, so that the exciting forces
can overcome the damping forces. The stability parameters n and % are
funct:ons of the combustion process and, hence, of the injection pattern,
propellant combustion, and operating conditions. Although it is not yet
possible to calculate n and T directly from physical and chemical property
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V, A, Preliminary Investigations (cont.)
data, values can be inferred from abgropriate experiments.,

The investigction of the high-frequency combustion
stability of a given thrust chamter assembly depends upon the following
consideretions. From information regarding the size and shape of the
combustion chamber and the general character of the combustion process and
products, zones of instability cen be drawn for each mode on the n , T plane

(Figure | ) &

UNSTABIE
B Typical Instability

/// Zone for Cne lMode of
n //// High-Frequency
Instability
<A

Figure |

/
'B

STABLE

=

Then if the M, T point corresponding to the particular dombustion process
under consideration lies within the instability zone (point "A" in Figure | )
spontaneously unstable comb stion is to be expected. That is, small
disturbances, always present in the combustion "noise", will amplify to

levels that are likely to result in hardware demage. For operating n, T
points outside, but sufficiently nearya zone of Instability (point "B"),

a larger disturbance, such as that produced by the Aerojet-General Corporation
pulse generator, will result in inctability. Although there is not at present
any quantitative nonlineal tieory, it cun be reasoned intuitively that the
nearer the n,TT point lies to an unstable zone, the smaller is the distance
required to excite oscillatory combustion.
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V, A, Preliminary Investigations (cont.)

Theoretical instability zones for the 8-inch diameter
combustion chamber are shown in Figures V-1 through v-; . The unstable
zones for the 6-inch chamber length at 2500 psi chember pressure are given in
Figure V-1 , It can be seen that the first tangential mode zone occurs at
lower interaction index values than either the second tangential or first
longitudinal zones, Therefore, the first tangential is the most unstable of
the three modes considered. Typically, the stability parameters have been
observed to lie in the ranges

0.4, < n <& 1.0 0.1 < T < 0.3 millisec
Therefore, the first ta: gential mode is the only one expected for the 8 x 6-
inch chamber,

Figure V-2 shows the theoretical instebility zones for
the 12.75-inch long chamber at 2500 psi. Because of the added length and
the decreased damping effect of the nozzle, the first longitudinal mode has
become the most unstable mode. The instaubility zones for the transverse modes
have shifted to slightly higher interaction index values, reflecting the
theoretical prediction that the additional volume of combustion products has
a slight stabilizing effect.

The zones of instability calculated for the 12.75-inch
long combustion chamber at a chamber pressure of 1500 psi are showrn in
Figure V-3, It can be seen that the decreased nozzle contraction rztio has
hed a stabilizing effect, since the instability zones have moved to higher n
values. The unstable zones for the 6-inch long ciamber are shown in Figure
V- 4 . As with the higher chamber pressure, the effect of decreasing the
length is to stabilize the longitudinal modes and to shift the transverse

modes to slightly lower interaction index vealues.
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V, A, Preliminary Investigations (cont.)

3. Calibration of Pulse

A series of pulse calibrations was made in the 8 by
6.5 in. combustion chamber in order to determine the characteristics of the
disturbance produced by the Aerojet-General pulse generator. From work done
at Princeton University(*), the following picture of the disturbance has
been obtained. Following the bursting of the diaphragm, a shock wave moves
down the tube of the generator and into the combustion chamber. From there,
it propagates across the chamter as a spherical shock wave, and reflects from
the wall, tending to set up a standing first tangential mode. The driver gas
from the shock gener:tor expands into the chamber shortly after the shock wave,
Because the pulse generator is aimed tangentially, the entering driver ges
causes the wave pattern to rotate, forming a spinning tengential mode. In
the absence of combustion interaction effects, this wave motion damps according

ot

to the law, -
bl = Pe
when P is the amplitude at 't = 0, and S‘is the damping feactor.,

The results of a typical calibration test are shown in
Figure V-5 , for a 20 grain pulse at a chamber pressure of 1500 psia. It
can be seen that the disturbance has decayed to one-tenth its initial vealue
by 60 millisec after the passage of the initial shock wave. Figures V-6
and V-7 show the effect of charge size and chamber pressure on the initial
pulse amplitude P and damping factor, 8 . Both P and 5 increase with
increasing charge size. However, within the experimental accuracy, there

appears to be little effect from pressure.

(*) Non~Linear Aspects of Combustion Instebility in Liquid Propellant Rocket
Motors -~ Second Yearly Progress Report. Princeton University, Aero Eng.
Rept. No. 553b 1 June 1962,
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V, Combustion Stability Behavior (cont.)
B. EXPERIMEITLL RESULTS

1. Summary of Test Conditions and Results

Tatle III presents a summary of the tests conducted in
the experimental phase of the program. Considerable difficulty was experienced
in preventing burnout of the flush-mounted pressure transducers. Further
discussion of this aspect of the program is contained in the following
section. It can be seen that only three tests were co. pletely successful,
However, these tests produced extremely interesting results, which are discussed
in detail below.

2. Test Installation

a, Summary

The test installation schemetic shown in Figure
V - 8 defines the pressurizing system, propellant tankege, valves and related
instrumentation. The liquid hydrogen tanks and propellant line are vacuum
jacketed to minimize boil-off. The hydrogen line vacuum jacket extends from
the tank up to the thrust chamber valve. The oxidizer supply line is insulated
from the oxidizer tank up to the thrust chamber valve. All tests were conducted
with the test hardware installed in the horizontal position. A typical test
set-up is shown in Figures V-9 and V-10.

Ignition was accomplished by two ALCLO igniters
which were cequenced to fire at the time the oxidizer valve opens, or 100-150
mil iseconds before fuel is introduced into the chamber. These urits provide
a high temperature gas stream for approximately one cecond. One urit was
mounted in an igniter boss located in the side of the thrust chamber$ the
other was mounted on an expendable aluminum tube which is inserted through
the nozzle throeat.
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V, [, Experimental Results (cont,)

Pulse generators were sequenced to fire at 50
millisecond intervals after steady-stete conditions were reached. These
units provide prescure pulses at a leveldefined by a calibrated charge.
Figure V-1]1 shows a typical pulse generator assembly.

A high-frequency sensing device was used to stop
the run in the event of an inst:bility. This urit was pre-set to initiate a
shutdown if any chamber prescure oscillations with a frequency greater than
1000 cps and a peak to peak amplitude grester than 120 psi occurred for a

duraticn longer than 20 milliseconds.

b. Instrumentation
(1) Instrumentation was located as shown in
Figure V-12, A discussion of individual components follows.

(a) Propellant Flow Rates
Fuel flow measurements were made
using twe differential pressure transducers connected in parallel across an
orifice which was installed near the fuel tank outlety oxidizer flow measurements
were 1:de using a differential pressure transducer connected across a venturi
section in the oxidizer line.
(b) Propellant Pressures
Propellant pressures were measured
using Type P-1871 Wiancko transducers of the 5000 psi range.
(e) Propellant Temperatures
The fuel temperzture was measured
with Rosemount platinum resistance probesy standard copper-constartan

thermocouples were used to measure the oxidizer temperature.
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V, B, Experimental Results (cont.)
(a) Chamber Pressure
Mod. 3528, 3000 psi Photocon
pressure transducers were used to measure any high frequency chamber pressure
oscillations? due to the inability of these units to withstand directly the
heat flux in tre combustion chamber, a recessed Photocon installation was
developed; this sysiem incorporated an adapter which spaced the Photocon
approximetely .750 from the inside diameter of the chamber, and acted as a heat
sink for the hot combustion gases} Figure V=13 shows a typical recessed
Photocon instcllation,
(e) Heat Flux
Heat flux was measured by using
HY-CAL molybdenum slug calorimetersy these units were mounted with the sensing

unit flush with the inside diameter of the chamber,

3. Design and Fabricetion of Herdware
a. 8-in, Diameter Pulse Motor
(1) Chamber

(a) An 8-in,-dia variable length thrust chamber
was designed to match existing nozzles and injectorsy chamber length can be
varied between 6,00-in. and 12.75-in. by inserting spacers between the chamber
and nozzle, as shown in Figures V-1/ and V-15,

Four equally spaced bosses were provided on
the thrust chamber periphey for mounting pulse generators in a radial plane
near the injector facey the bosses are orientated such that the pulse
generators fire tangential to a A=in. diameter circle,

Mounting holes for four high frequency
response pressure transducers are also providedj three transducers are in

the same radizl plane as the four pulse generators, and the fourth is placed
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V, B, Experimental Results (cont.)

axially downstream from one of the other three; this arrangement of trans-
ducers allows the detection and identification of both tangential and long-
itudinal modes of instability.,

Two calorimeter mounting bosses are provided
and are located in the same axial plane 0.750-in. and 5.45-in. from the
injector face,

The thrust chember is constructed of 1.5~
in ,—thick 1020 steel; a 0,030-in, "Rokide Z" coating was applied to the inside
diameter of the chamber, spacers, and nozzles, to provide protection from the
combustion gases,

(2) Four Element Pentad Injector

This large-thrust=per—element injector
shown in Figure V-16 consists of four 5K pentad elements; each element
consists of four oxidizer streams impinging at an included angle of 60° on &

central fuel stresm; the fuel injection velocity was 500 ft/sec and the oxidizer

 ‘injection velocity was 80 ft/sec; the injector plate and propellant tubes were

mede from Type 347 stainless steel; no special machining techniques were
required during the construction of this unit; a water flow test is shown in
Figure V-17,
(3) Conventional Pattern Injector
The pattern of the conventional injector
shown in Figure V-18 is made up of 90 elements, each consisting of two shower-—
head oxidizer holes impinging on a fuel fan formed by two impinging fuel holes;

the propellant orifices are fed throuéh concentric ring channels which are

‘ manifolded from the back side; the fuel injection velocity wes designed for

240 ft/sec, and the oxidizer injection velocity was designed for 190 ft/secs

a waté; flow test is shown in Figure V=19,
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V, B, Experimental Results (Cont.)
b. 22-in, Diameter Pulse Motor

A 1020 steel nozzie adapter was designed to allow
ingtallation of 20K pulse motor nozzles on the existing 120K pulse moter chamber,
A pentad injector pod, with the same physical configurations and dimensions as
the pentad elements used for the B-in.-dia chamber, was designed for the
22-in.-dia pulse motor. Three of these injector pods were used to provide a
total thrust of 14,000 1b.

Co Hydrogen Pump

Previously, the pressurization of the liquid
hydrogen run tank was accomplished by using a nitrogen compressor to provide
high pressure nitrogen to pressurize gaseous hydrogen in an ullage tank, which
in turn, pressurized the liquid hydrogen. This system allowed a considerable
amount of nitrogen to accumulate in the hydrogen tank, thus adversely affecting
eﬁgine performance.

In order to provide uncontaminated pressurization
of the hydrogen run tank, a Corblin high pressure gaseous hydrogen compressor
was installed. This diaphragm~-type compressor provides a convenient and rapid
means of pressurization. Approximately thirty minutes is required to bring the
20 ft3 hydrogen ullage bottle up to the 4500 psi operational level with a
compressor inlet of 1500 psi. The hydrogen compressor was installed for test
D495 LM-7 and has demonstrated satisfactory performance since that time.

b, Instrumentation
A serious problem encountered during the testing program
was the inability of the water cooled Photocon pressure transducers to sustain
the heat flux generated in the combustion chamber, Designs incorporating

water cooled flame shields and Rokide coatings proved to be
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V, B, Experimental Results (cont.)

inadequate. It was, decided, therefore, to determ:ne the applicability of

an adapter which would permit a recessed instcllation, as shown in Figure V-13.
The purpose of the adapter was to limit the heat flux experienced by the
tr:nsducer.

The response characteristics of three adapter configurations
were measured using the shock tube apparatus shown in Figure V-20 .

Adapter "A" had seven 1/8-in. diameter holes; "B" had seven 3/16=in. diameter
holes, and "C" had a single, 11/16-in. diameter hole. In zll cases the holes
were 3/4~in. long and there was a gap of 0.010-in. between the adapter and
the Photocon flame shield.

The frequency response curves for the three adapter
configuretions are compared in Figure V-21 . Configuration "B", with seven
2/16-in, diameter holes had the best overall response characteristics; being
flat within 25% to neerly 1500 cps. Under combustion chamber conditions,
the sonic velocity of the gas in the transducer and adapter cavities is
cstimated to be approximately three times the sonic velocit; of the working
f£1luid in the shock tube calibrations. Therefore, the frequency response of
adapter "B" will be flat within 25% for frequencies up to 4500 cps, which is
approximately the frequency of the first tangential mode of the 8-in. diameter
combustion chamber,

5. Discussion of Test D495LM-6, =7, and -8

Test No. D=495-Ll~6 was conducted using an 8 in. dia
chamber with a cylindrical length of 12.75 in. The injector pattern consisted
of four 5K pentad elements. The test was made at a chamber pressure of 1490
psia and a mixture ratio of 6.22, Pulse charges of 10, 20, and 40 grains
were fired, with instability in the first tangental mode resulting from the
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40 grain pulse, The 10 grain charge did not produce a sufficiently large
disturbance to emerge from the combustion noise. Both the 20 and 40 grain
pulses produced longitudinal as well as tangental wuve motion. Ths signals
were separated by filtering so that the amplitude - time characteristics of
the two modes could be studied independently.

Figure V-22 shows the variation of amplitude with time
for ecch of the components of the oscillation produced by the 20 grain charge .
Both modes exhibited an exponential decey. The initial amplitudes were nearly
equal, but the decay rate of the longitudinal oscillation was approximately
three times that of the tangential. A probable explanation of the pulse
characteristics is the following: The pulses were introduced at the injector
end of the chamber, which had a length-to-diameter ratio of 1.6, The initial
propagation of the pulse was as a spherical shock wave, with the initial
amplitude dependent primarily on the pulse charge characteristics (i.e., size
of powder charge and burst disk). Since the pulse was initiated at the
injector end, oscillations were set up by reflection in both the longitudinal
end transverse directions. The subsequent demping of the pulse reflects the
acoustic properties of the combustion chamber. It has been shown both
experimentally and theoretically that the exhaust nozzle exerts a stronger
damping effect on the longitudinal modes than on the transverse ones,

The 40 grain pulse behaved initially in a similar fashion
(Figure V-23 ). The longitudinal mode damped out approximately twice as fast
as the tangential, starting from the same initial amplitude (180 psi)o
However after 2 milliseconds (eight cycles), the oscillation amplitude
incressed rapidly to greater than 350 psi (peak-to-pesk). Phase and amplitude

data indicate the following series of events (see Figure V-24 ): The
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V, B, Experimental Restlts (cont.)
initial pulse oscillation traveled in a counter-clockwise direction (looking
from the nozzle toward the injector), correéponding to the orientation of
the pulse gun. The initial amplifying (unstable) oscillation also traveled
in the counter-clockwise direction. However, at ten milliseconds after the
pulse initiation, the oscillations recorded by transducer No. 2 decreased
rapidly to about 25 psi with a frequency of 8000 cps, while that of transducer
No. 1 remained unchaged. This pattern is that of a standing first tangential
with a pressure node at transducer No. 2 and a pressure antinode at No. 1.
The standing pattern was maintained for four milliseconds after which rotation
began again, but in the clockwise direction. The remainder of the oscillation
was a clockwise-spinning first tangential mode.

An interesting comparison may be made with the pulse
charge calibrations discussed above (Section Vs )z

02/H2 Test

(tangental mode) N2 Calibraticn

20 grain pulse

Initial amplitude 106 psi 150 to 230 psi
Damping rate 183 sec1 22 to 40 sec™
Frequency 4000 cps 1200 cps

40 grain pulse
Initial amplitude 190 psi 190 to 290 psi
Damping rate 260 sec™] 37 to 43 sec™
Frequency 4000 cps 1200 cps

The initial amplitudes obtained by the two methods are in reasonable agreement.

However, the damping rate with combustion was approximately six times that
observed with the nitrogen-pressurized chamber. The frequencies, as expected,

are in the same ratio as the sound velocities.
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Test No, D-495LM~-8 was conducted with the same large
thrust (4~5K pentad) injector as Test No. =6, However, the chamber length
was reduced to 9,5-inches. Ten, 20, 40, and 80 grain pulse charges were fired
at 50 millisecond intervals. The 10 grain charge produced no pressure
oscillations, but the 20 and 40 grain charges produced low amplitude 4200 cps
oscillations which damped out prior to the succeeding pulse. The 80 grain
charge resulted in oscillations at 4200 cps with a peak~to-peak amplitude
of 450 psi. This oscillation demped out after 59 millisec. Performance
calculations indicate that the 10, 20, and 40 grain charges were fired at a
mixture ratio of approximately 5. The mixture ratioc decreased following the
80 grain charge; the oscillation damped out at a mixture ratio of about 7.5,

Because of the varying mixture ratio in Test No, =8,
no clear effect of chamber length could be detected. The results of the two
large thrust injector tests indicate that the tendency to instability is
grectest at the design mixture ratio of 6. Below that value, oscillations
appear to be more difficult to initiate, whereas above 6, fully developed
oscillations damped out.

The relative stability of the conventional, multiple
orifice type of injector (showerhead) compared with the large-thrust-per-
element type (4~5K) was investigated on Test No. D-495LM~7. The chamber
length was 12.75 inches, the same as that used on Test No. -6, A high
frequency instability occurred at 0.130 sec after 90% of chamber pressure
was reached., The instability sensing device signaled for a shutdown 0,160
sec after 90% of Po. The totazl test duration was 0.300 sec. The shutdown
was initiated before any of the pulse charges were sequenced. Post=test
examinatioh showed that the burst-diaphragm on the 10 grain charge was
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ruptured and the powder charge burned. This charge was either Lurned due tc
a failure of the burst-diaphregm upon the initiation of combustion in the
chamber, or due to erosion of the burst-diaphargm which occurred during the
high frequency instability. There was nc indication from the oscillograph
records of the time that this charge burned.

The chamber pressure oscillations developed smoothly,
without any trzce of a disturbunce, and achieved & meximum arplitude of about
500 psi (peak-to-peak). Following the usual procedure, the test was initiated
with an oxidizer lead. The oscillations began at the time the fuel valve reached
the fully open position. In the shutdown procedure, the oxidizer valve was
closed first. As a result, there was & continuous decrease in mixture ratio
throughout the test. This mixture ratio variation was evident in the frequency
of oscillation, which began at 4200 cycles per second, increased to 4820 cps
and then decreased to 4530 cps. Assuming 95% combustion efficiency, these
frequencies correspond to mixture ratios of about 8, 4, and 2, respectively.

C. CONCLUSIONS

Because of the linear nature of the Sensitive Time lLag
Theory and the limited number of valid tests, precise values of the stability
parameters n and C could not be determined. However, approximate values
were estimeted for the two types of injection used, as follows:

a. Conventional injector: 1.04 n < 1.4; 0.09< T<
0.15 millisec;

b. large-element injector: 0.7 < n < 1,0; 0.09< T<

0.15 nillisec.
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These results are compared with other data available* in Figures V=23
ard V-26.

In general, the interaction index decreases with incre&sing
element size (see Figure V-25 ). This is a gross dependencej its physical
basis has not yet been deiermined. The dependence of n on chamber pressure
as inferred from these data is n ~/ ‘?c%; Recent tests conducted at
Princeton University, using the propellant combination L02/ethanol and &
very low thrust-per-element injection pattern, have indicated a similar
pressure dependence of the interaction index.

The results from the present, high chamber pressure,
orogram do not show a clear trend with element size of the sensitive time lag.
Low pressure testing, however, indicctes that the time lag increases with
increasing thrust-per-element, as shown in Figure V26 . For the low thrust,
multiple-element injectors, the dependence of C on chamber pressure is
approximctely, T:’“rc-ﬁ, in agreement with results obtained at Princeton.

The implications of the available data are twof cld:

a. The large-thrust-per-element type of injector is
more stable than the conventional, multiple orifice type (since the interactiocn
index is smaller). In addition, the sensitive time lag is greater for the

large element injector. Since the occurrence of a given mode of instability

* Stability parameter deta was obtained from the following sources:
Addoms, J. F., et al; Unique Injector Concepts Development (UNICODE),
Aerojet-General Report 0518-00-5 (Quarterly), September 1962.

Reardon, F. H., Combustion Stability Behavior of the Nitrogen Tetroxide/
AeroZINE 50 Propellant Combination with the 25IN Injector Pattern,
Aerojet-General Report TMC 9616/003, 13 March 1962.

High Pressure Chamber Operation Launch Vehicle Engine. Aerojet-General
Report 4008-Q3 (Quarterly), 2 January 1963,
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depends on the matching of the oscillation period, "I, with the sensitive time
lag, 7, (actually Z~%T), and the period is proportional to the chamber
diameter: a larger diameter is required to obtain the same mode for a large-
thrust-per-element injector as compared to a conventional one. For any value
of time lag, there is a maximum chamber size that can be operated stably without
baffles. With a large-element injector, the maximum stable diameter will be
larger than that for a conventional type. If baffles are necessary to stabilize
combustion with a large-element injector, the required baffle spacing should be
larger than for the corresponding small-element injector.

b Increasing the chamber pressure is likely to result
in a greater tendency to combustion instability. The sensibility of the combust-
ion process to disturbances is greater at higher pressure and the characteristic
time is smaller. Although, for a given thrust level, the combustion chamber
decreases with increasing pressure, the combustion time may decrease faster (size);
thus higher modes, with more complex wave patterns than those observed at present,
may be experienced.

It should be noted that these conclusions are based on
a very small amount of data. Further work is necessary to explore their limitations,
and to determine the processes that govern the variations in the stability parameters.
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E. EXPERIMENTAL PRUPULSION PERFORMANCE
Among several methods of measuring rocket engine performance,
the most generally suitable is that of determining the characteristic

velocity, C*. From the definition,

o= (1)

It is evident that this criterion is independent of thrust level, and therefore
back pressure and area ratio. The characteristic velocity is essentlally a
measure of the success of conversion of chemical energy. From an experimental
standpoint, measurement of the characteristic velocity has the advantage that
it should be possible to measure accurately all the variables appearing in

the definition.
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In the present program, determination of the characteristic
velocity yielded unsatisfactory results. Test operations were limited to
approximately O.5-sec durations because of the adverse heating effect on
uncooled hardware developed at the high experimental pressures, il.e., about
ZSOO‘psia. It will be seen in the defining equation that accurate measurement
of propellant flow rates is basic to the determination of the characteristic
velocity.

As shown in Figure V-27 , which is typical of experimental
results, flow response did not occur until 0.30 sec after fire switch, and it
is clear that steady state conditions were not developed before (nor after)
shut-down at 0.5 seconds. Theoretical characteristic velocity is s! own only
as a point of reference. It is not considered that performance was adequately
demonstrated.

For future operations, the installation of a direct-calibrated
hydrogen flow meter of the turbine-type will be of advantuge in esteblishing
improved flow measurements. The degree of improvenent will not be apparent
until flow meter response under the test corditions has been determined. For
wncocled hardwere operating at hiph pressures it is not likely that test
durations cunt.e extended much beyond the present limit.

As a consequence of the severity of thermal damage to the
pressure transducers encountered esrly in the test program, an attempt was
made to determine the hest flux imposed on the instrumentation and chamber.

High pressure , high temperuture slug-type calorimeters were mounted in the
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chamber walls. It will be evident from Figure V-28 that the calorimeter
response was totally inadequate. No evidence of heating rate was indicated
until after shutdown fire switch.

Independent studies of Photocon pressure transducers conducted
at Princeton University have indicated & probable suitability at heat flux
levels as high as 15-16 Btu/in2 secC. In view of the recurrence of
thermael damage problems early in the test program, and the ultimate necessity
of providing the installation adapters described above, it is clear that
improved instrumentation will be required in order to establish high pressure

heet fluxes with confidence.

Page V-34



THEORETICAL INSTABILITY ZONES

FCR &' DIA X 6" LONG CHAMBER

AT 2500 PSIA
4.0 7
/
N /
First A7) . /
\ Longitudingl ~_ __ 7
2,0 —
Second —
Tangential
irst
Tangeptial
0.5
004
0.02 0.05 0.10 0.20 0.40

/—[7 Millisec

’

Figure V-1



THECRETICAL INCTABILITY ZUNES

FOR 8" DIA X 12,75" LOL.G CHAIDER

AT 2500 PSIA

i
4.0
\ 1/
2.0 X ¥
/
\ /
Second AN /
Tangential Vi
1.0 7
-~ First ~ v
Tangential -
First
Longitudinal
0.5
0.2 .
0.02 0.05 0.10 0.20 0.40
U, millisec

Figure V-2




TEECRETICAL IWSTABILITY ZONES

FCR 8" DIA X 12,75 " LONG CHAMBER

AT 1500 PSIA

0.40

4O - - oih R
2.0 \\ T
]
Second / f
1.0 Tangential ] o / . ;
First _ o
Tangent /—— !
Fil;st |
Longitudinal |
0. s
|
0.2
0.02 0.05 0.10 0.20
T, Millisec

Figure V-3



THEORETICAL INSTABILITY ZONES

FOR 8" DIA X 6" LONG CHAMBER

AT 1500 PSIA
440 -
\\ First
~ Y, Longitudinal
7
20—\
Second ‘\-’“\\\\~
Tangential
First
Tangential
0.5 _
0.2
0.02 0.05 0.10 0.20 0.40
T, Millisec

Figure V-4



SPUoodsSTITT ‘UOT}BIFTUL 3STNJ WOIT BUTL
09 o7 02 0

oL

o< ~_ ~ ///// 0%
T~ ////
™~ ~_ ' SN
- g //uw < 00t
/ P /
T~
~~ w/

<] 0oz

00¢

0o¥

ISd 0061 ‘9SInd NIV 02 WA

TATL SA TARITISTY  PWIEAYHO 46°9 X w8 NI NIITMITY) HSTId

Figure V-5

Pressure Amplitude Peak - To - Peak, Pg



PULSE CALIBRATION IN 8nx6 " CHAMBER
INITIAL PULSE AMPLITUDE, P vs CHARGE SIZE

INITIAL PULSE AMPLITUDE, PSI

600

500

400

300

200

100

A
O 1500 psi
A 2500 psi
[}
[aY
o
(o}
]
(o]
!
a
A
A
20 40 60 80

GRAINS OF POWDER

Figure V-6




60

~
o

N
(@]

DAMPING FACTOR, SEC~L

DAMPING FACTCR, &

PULSE CALIBRATION IN 8" x 6" CHAMBER

GRAINS OF POWDFR

Figure V-7

Vs
CHARGE SIZE
4 —
v . _Al Y ) —_—
O 1500 psi
A 2500 psi
0 20 40 60 80




4 jaioe{ wmnoss 9SO dund
edmyg N0

3 T
g-n 3unald e oL anosh o1 e
N/ N B .
oatey #3Imd X eaTup 09y TINA ot roqeuner; SUFAIRL = |m.l _eaATHA XOWUD Lvn
¢, W—— , e @
3ams “po o N anpedvy emssed X7
sopy . . .@

"A .MW.; bt = 11 Y @01JTI0 - \ L.eaTn) peyvaxin 930 ¥

X -

wdeamdoyg 3SWG - I.@l sa7Ey PORVIW) puwy t|®u

o S eATSY
FUOA. X0 . ® - \ A seva £a
"
Loy
£rddug o Ho
eano20g WATH ,
\ ]
I o ?
JoqeTndey “HD
ot Axapuodeg
BAG- A 9aTEA
w.bA. V< saervs S
6 R x ®
P e 1 kwg 4y N
2agEA R AN
g L0 33
b 9] AUSA
g,
®, ue ]
Ruwy g wen
e8vT1N z
R Ul
a0 '
. = '”o
SATTA
7 U/ OIEFILL N I3 1 Aeg oF
V’A £ V’A { x,
-
q Awg oL \_/ >

F0qvIndey 2amELeL X0

sporns JTNADCRED SdNSTEEG HOLH

&7 H



aNVLS

1831 ¢ H1/ 2071 38NSS3IHd HOIH

A e ==

by - h -
3 A  ANEIERE N SN
K

‘\l.i-f!ldl

e oo

. -umE wiwEl.-d
: qqul_‘u VTRV b %
. . l‘.‘-‘ -

=t ‘7‘1 ‘D ,,/‘i'ifi .

NEN

B L

¥NVL NOILYZINNSS3dd NIOOHGAH

Figure V=9



| 'ON LS31 - 3414 1S0d

epl-29L

-~ Figs

¥




NN 3sTINd

DNA-4 -Nid

AINAd J

WOYARAVIQ LSANg

2DAVYHD ISTINd

Flaure -1l



<l -A 3AN9OiA

NOLLYDO1T NOILYVLINIWAALSNI

X %}fr \ b_/
O\, @;[*

o /
Mu \ | ?J 27) ]
,w?

j ﬁ,
+
—~% mm—

@

o <
" " ov =
i .WPNTA . oz
.wUu¢IU 2_4.& 2 O, =
& - o
ml.. " i "
-2 - “ " 0
L~ AODO1I0HE 3AINSSRAAG ARBWYHD
Nl " Y [

(= AALINIAOIVD ABBWYHD  ISNAHL
—SI0BNAS —

p ™NOS
€ NSO

AR R IRRY

| NNO
- By
Mn— UQ
.Nﬂw .Ua
d™d
INUQ
_UO

n t

b

1)

N gD S

FIGURE V-2



Y PHOTOCOM - MODEL 352A I°~14 THREAD

\
\\

N ‘ =
\\‘
\\\ ‘\ g
X THRUST
CHAMBER
| |
e e N
£ 7
| A
*-' A
NIN i G
If\‘\ //' a t“.OlO
N
NIl //}/fégiéﬁgi

183 DIA THRU
7 HOLES

KECESSED PHOTOCON INSTALLATION

FIGURE V- 1D



946296

H3IGWYHO

HOLOW

1SNY¥HL "viQ 'NI—8

3Snd

d313AWVIQ "'NI-8

»

d33vdS

371ZZON

Figure V=14



Figure V-15



FUEL ORIFICE
OXiD ORIFICE

4-5K PENTAD INJECTOR

662- 1374

Fipure V=16




WATER FLOW TEST -4-5 K PENTAD INJECTOR -—|2- FLOW

Figure V=17




FUEL ORIFICE

OXIDIZER ORIFICE

CONCENTRIC PATTERN INJECTOR

Fifure V-18




762-781

FLOW

4
2

CONVENTIONAL PATTERN INJECTOR -

WATER FLOW TEST

Figure V=19



(paatInbaa se)

YIONMASNYYHL HWM&AL//

YIGHVHD NOISNVJIXTE
]

AI1ELELLTHETLLLEILHLLELITRARL L AL LRRRRLRRRLRRRARRRANY

SOINCHLOA TR
qdIVIDOSSY
LNdNI _
TVOIINTA
4400S0T1IOS0
OINONINAL
j
‘l _ e — —
VELE TAAOW \_/
HOLIAS RINSSTUd ¢ Z«.Um
TVIINIHAA
1L d1d aioyuy10d
NOJOLOHd TINL XOOHS
.//// ARV TR RRRR R S O O O e S SSSS TIT IR SRR EREEEUCS SCC S RTTY AVANY

\
YABVHD NOISST.IHOD ﬁ

XALALELALAAIRARARARRARANRNN

-

WOVHHIVIQ 1Sdang

dALIS LSHL F9NIl AD0HS

Figure V-20



1.0

6

RESPONSE CHARACTERISTICS,
PHOTOCCN MODEL 352A WITH ADAPTER

N
’ \\
\‘ N_”
N\
7’ A
/) /
N/
‘N /
—_— - Y A
-
- ~
w——
— =t
SYMBOL Frequency, cps
"A" - Seven 1/8" dia Holes, 3/4" Long
Ea_, q —_—— "B" - Seven 3/16" dia Holes, 3/4" long
-
3
= E ——— "C" - One 11/16" dia Hole, 3/4" Long
Z | &
Il
]
5
2]
Z
(=]
:

FREUENCY, CPS

Figure V-21




200

1

.51

&

)

AMTLITUD

TICN

CSCILL

00
80

60

40

20

10

(peak to peak)

AMPLITUDE OF OSCILLATION

R ODUCUD KY 20 GRAIN CHARGE
IN 8 DIA x 12,75 LG CHAMBER

Pc = 1500 PSI
MR = 6.22
0/H,

.

Fan

>\§& TANGENTIAL Ipl = fo6e 2
Y
\\O
—4— V4
™ o
o
c \
\ \CD
La'k\ ) ~T =540t
LOUGITUDINAL = 87
\ [ | |pl Q
N
.
N\
\
A\
TIME{FROM PULSE INTiIATIGN, WILLISECONDS

Figure V=22




~
, \pt , PSI

OSCILLATION AMPLITUDE
( PEAK-TO-PEAK)

AIPLITUDE OF OSCILLATION

PRODUCED BY 40 GRAIN CHARGE IN

8 DIA x 12,75 LG CHAMBER
P, = 1500 psi
MR = 6.22
0/,
/r’/
¢
o—T——8"
200, ).
A A ~ -
100 \ NG . TANGENTIAL, Vpl, =190 e 260 ¢
80 2 4
4 N
60 AN
A 3
\,\ LONQITUDINAL, |P! = 165 ¢~f° ©
40 -—\ /’— 1
AN\
20
N\
\
10
8
6
4
2
[ IME FROM BULSE INITIATIDN, MILLISECPNDS
1
Y 4 8 10

Fipure V=23




SANODEPITIIN ‘NOILFILINI ESInd
2 4 0 1§ A |
1ﬁ e
;) !
)] \
1
7

\ 2
(@]
_ =
| ol
(=]
\ -
/ / M
b=
' \ s
_ 8
- \ &
'y ndlhgn.
W 53
-

N |

N
e#
G i / ]
e
184 00ST = °d bz*o = W I ey/ep  SYeRTPSURIY
YIENVHD QT ,62°2T X ®TQ b8 ‘TSINd NRVHD .0b uny aqrng > o
FNIAOTION RAJLITAWY NOIIWITIOSO

Figure V-24



q7

wan - ot/ otn T

XU@IT 0ILOVH-INT :10

JZIS NI 40 LOFdad

¥z T g (2 U
H.
1 ‘LTI wd LSO
N‘
— [ N
— 9
Tsd 00¢ ;E’I
T 4
w.
D e 01
1sd oosT| B — ___
- 0!
a1 /S0 E

Firure Ve25

W SXIANT NOILOVE: LNI



™ o2

QT

e

9

WY

MC

a1 ‘INTEIE wid ISnuHl

MT

18d 00ST |

}— T8 oo

-

-lto*

8
o
20* g
0°
g
n
H
90°* m
3
80° &
st
=
3
ta
2 B
e

OV Il JATILISNAS NO

HZIS LNIWIIE 40 LORIIN



CHARACTIRISTIC VELOCITY, C* FT/S'C

c* V5 TIME

9000

8000

LINGTH |[OF TEST = .56 SEC

THERET JCAL

R S -

6000

7000 p——e e T 1 !
| | z
j : !
; : ?
1 ! ;
. |
; ::
5000 5 R - ;
| |
i | :
| |
4000 |t ‘
:
: | '
H ¢ .
s000 |— -
|
!

2000 | ~— - 1

1000 |

1.0 1.5 2«0 2e5

TOE, SEC

Fifure V27



2Q Biu/ _ n? HEAT FLUX VS TIHE
10 Btu/sec-in#
10 Btu/sec-in?
3
3
-
o
=
B 1
5 | Btu/sec-in’

=

CHAMBER HEAT FLUX

1{o
TIMY, SEC

SN———1

A

25

Pigure V-28



VI. FUTURE RESEARCH

A, INTRCDUCTICN

The present research program has been directed toward defining
possible combustiocn dynamics problem areas encountered in the high chamber
pres;ure operation of liquid rocket engines. The limited experimental results
obteined in this exploratory effort indicate that the occurrence of high
frequency combustion instability, with its assoclated severe hardware damage,
is governed largely by the thrust chamber operating conditions and the design
of the injector pattern. Although some preliminary trends have been defined,
these zreas require further investigation.

Recent development programs have indicated the desirability of
the staged combustion cycle, in which the fuel rich combustion products from
the ges generator (or primary combustor), after passing through the turbopump
turbine which drives the pumps, are injected into the thrust chamber (secondary
combustor) and burned with the remaining liquid oxidizer. This cycle introduces
certain new factors into the combustion dynamics behavior of the rocket
engine system which need to be considered in the near future.

In addition, much fundamentzl work is needed in the areas of
theoretical combustion dynamic analysis and stability rating techniques.

These problem areas are discussed further in the following sections.
B. CPERATING CCNDITIONS

The experimental data obtained in the present program indicate
that high chamber pressure operation may lead to severe combustion stability
problems. However, only a small step hcs been taken toward chamber pressure
values which will be desirable for optimizing vehicle performance. Testing

should be undertaken over the entire range from 500 to 5000 ssia, with a
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VI; B, Operating Conditions (cont.)

sufficient number of intermediete points to define the pressure effects

clearly. It is neceésary that such experimental work should be done in a
systematic fashion, so that valid results can be obtained. At the present

level of understanding of the combustion process, any investigation will have

to consider simultaneously the factors of pressure, mixture ratio, injector
pattern, and cocling techniques. The effects of chamber pressure on combustion
stability must be investigated as & function of mixture ratio, and for different
types of injectors. Only from such a comprehensive investigation can & proper
understanding of the general problems be achieved,

Two general regimes of mixture ratio are of particular interest,
namely, very low (0,77) ratios corresponding to gas generator operstion, and
high (6.0) ratios used in optimizing thrust chamber performance. The present
program has demonstrated that the mixture ratio can exert a significant
influence on the stability of thrust chamber combustion. In addition to the
overall mixture ratio, consideration should be given to the distribution of
both mixture ratio, and mass flow, particularly in the transverse directions.
Such factors as the location and orientation of injection elements, and the
use of film cooling on combustion chamber walls, are likely to exert a
significant influence on combustion stability, through the parameters of mass
and mixture ratio distribution.

Evidence is accumulating which shows that the temperature of
the propellants prior to injection can be of importance in determining the
stability of a liquid rocket engine. This effect is particularly apparent
in the liquid oxygen/liquid hydrogen propellant combination. Several

investigations have reported combustion instability problems for hydrogen
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VI, B, Operating Conditi.ns (cont.)
temperatures below a certain criticel value, which appears to be a function
of injector type. In order to obtain the maximum benefit from the LOZ/LHQ
system, the temperature effect must be explored.

C. INJECTCR DESIGN

The effect of injector element size on combustion stability
wes demonstrated in the present exploratory program. The results of ﬁther
investigations appear to confirm this conclusion. However, the applicaticn
of these results in the design of stable injector patterns reguires more
systematic and quantitative deta. Testing should cover the range from 100
to 100,000 lb-per-element, using each of several different types of injectors
non-impinging, like-impinging, and one or more kinds of unlike-impinging,
over the whole range. In addition, fundamental analytical and experimental
work should be undertzken to obtain a clear understanding of the controlling
parameters.

The importance of element location and orientation has been
mentioned above in connection with mass and mixture ratio distribution. There
are other considerations, too, involving the interaction of adjacent elements,
and the transverse velocity sensitivity of individual elements and groups of
elements. These influences are just begining to be appreciated, and much basic
work needs to be done on them. Finally, associated with the trend to higher
operating chamber pressure is the use of high injectiondensity (i.e.; total
flow rate divided by totel injector area) in order to achieve a compact thrust
chamber. The preliminary indicetions are that the tendency to cembustion
instabilit: may be increased by the use of high injection densities. Most
stability testing, including the present program, has been done with rather

low values of injectiondensit . A systematic exploration of injection density
effects is, therefore, clearly necessary.
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VI, Future Resezrch (cont.)
D. STACED-COMBUSTICN CYCLE

The use of fuel-rich gaseous combustion products as one of the
propellants in the thrust chamber of the sti.ged combustion cycle opens & new
area of combustion dynamics research. It does not appear likely that stability
data from liquid/liquid injector systems can be extrapolated directly to
gas/liquid systems. The nature of the propellant dispersion and mixing will
have strong effects on the characteristic combustion times and sensitivity to
combustion chamier corditions. In addition, new types of injector patterns
required for the gas/liquid system must be investigated with regard to pressure
and mixture ratio effects on combustion stability.

A second novel feature of the staged-combustion cycle which
must be considered carefully are the modulations introduced by the turbine
into the flow of the gaseous propellant. Such disturbances can serve to
initiate destructive combustion oscillations in the thrust chamber. The
significance of the feed system in high-frequency combustion instability has
only recently been appreciated. Systematic investigations of oscillatory
flow in the feed system, both experimental and analytical, should be undertaken,
The characteristics of the flow disturbances introduced by the turbine blades,
and the transfer functions of feed system components and assemblies, should
be measured as functions of system operating conditions, as well as component
geometry.

Third, the interaction effects due to the close-~coupling of
the gas generator and thrust chamber must be studied. The effect of the
coupling can be observed by first determining the combustion dyramic behavior
of the gas generator and thrust chamber separately, and then connecting
them, noting the behavior of the complete system. A siren should be
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VI, Staged-Combustion Cycle (cont.)
incorporated between the two components In order to simulate the flow disturbing
effect of the turbine. Initial studies, utilizing small-diameter combustors,
should consist of variable length testing in order to determine the longitudinal
mode stability behavior, which is, to a large extent, a measure of the stability
characteristics of all modes. However, because of possible transverse velocity
effects, the studies should be systematically expanded to include transverse

and combined longitudinal-transverse modes.

E. FUNDAMEL.T4L AND THECRETICAL STUDIES
The applied combusticn dynamics researches described above

nmust be accompanied by fundamental investi ations of the intermediate processes
which occur in the combustion of liguid propellants in a rocket thrust chamber
or gas generator. The preparation of the propellants for chemicel reacticn,
through atomization, vaporization, and mixing, is a key factor in the

combustion dynamic behavior of a rocket engine. Unfortunately, too little
attention has been given to these processes. The effect of injector design

and propellant properties in both steady and unsteady flow should be determined
over wide ranges of operating conditions. In particular, urderstanding of

the dispersion and mixing phenomena at supercritical conditions must be

obtained and related to the dynamic behavior of the overall combustion process.

An important aspect of any combustion stability investigation is

the controlled initiation of oscillatory combustion. Various stability

rating techniques have been developed, including the directed pulse, the
non-directed explosion, and the tangential gas flow. All of these techniques
have been utilized to obtain relative measures of stability of different
combustion systems, and the data produced have aided in understarding the
problem of combustion instability. However, very little fundamental work
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VI, &, Fundamental and Theoreticel Studies (cont.)
has been done on any of the available techniques to determine the mechanisms
by which combustion oscillations are triggered. 1In order to obtein maximum
usefulness and for application in research progrems, stabllity reting
techniques must be studied c:irefully. In conjunction with the determination
of the exact nature of the disturbec ces produced in the combustion chember,
considerable effort shcould be experded in obtaining reproducibility and in
relating these "artificial" exciting methods to the "natural" stimuli
present in an actual rocket combustion,

Finally, it is becoming increasingly clear that experimental
combustion dynamics data must be interpreted carefully in the light of a
well-developed theory. In the present program, successful data correlation
was.obtained by use of the Sensitive Time Lag Theory. However, because of
the linear nature of the theory, only approximate values of the stability
parameters could be obtained. It si necessary, therefore, that the Sensitive
Time Lag Theory be extended to the non-linear domain. With the accumulation
of more experimental information, an underétanding of the physical nature
of the stability paremeters can be gained, enabling the prediction of stability
behavior prior to actual fabrication and testing. Analytical studies of the
intermediate combustion procescses for both liquid/liquid and gas/liquid
injection systems, and comprehensive theoretical studies of system interaction
effects, must be carried out concurrently with the experimental research
programs outlined above. Only through such parallel analytical and experimental
efforts can a complete and quantitative understanding of the cambustion

dynamic behavior of liquid propellant rocket engines be achieved.
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